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ABSTRACT 
Fatigue Damage Assessment of High-Usage In-Service Aircraft Fuselage Structure 
Bao R. Mosinyi 
Advisors: 
Prof. Jonathan Awerbuch, Prof. Alan Lau and Prof. Tein-Min Tan 
 
As the commercial and military aircraft fleets continue to age, there is a growing 
concern that multiple-site damage (MSD) can compromise structural integrity.  Multiple 
site damage is the simultaneous occurrence of many small cracks at independent 
structural locations, and is the natural result of fatigue, corrosion, fretting and other 
possible damage mechanisms.  These MSD cracks may linkup and form a fatigue lead 
crack of critical length.  The presence of MSD also reduces the structure’s ability to 
withstand longer cracks.  
The objective of the current study is to assess, both experimentally and 
analytically, MSD formation and growth in the lap joint of curved panels removed from a 
retired aircraft.  A Boeing 727-232 airplane owned and operated by Delta Air Lines, and 
retired at its design service goal, was selected for the study.  Two panels removed from 
the left-hand side of the fuselage crown, near stringer 4L, were subjected to extended 
fatigue testing using the Full-Scale Aircraft Structural Test Evaluation and Research 
(FASTER) facility located at the Federal Aviation Administration (FAA) William J. 
Hughes Technical Center.  The state of MSD was continuously assessed using several 
nondestructive inspection (NDI) methods.  Damage to the load attachment points of the 
first panel resulted in termination of the fatigue test at 43,500 fatigue cycles, before 
cracks had developed in the lap joint.  The fatigue test for the second panel was initially 
conducted under simulated in-service loading conditions for 120,000 cycles, and no 
cracks were detected in the skin of the panel test section.  Artificial damage was then 
 xv
introduced into the panel at selected rivets in the critical (lower) rivet row, and the fatigue 
loads were increased.  Visually detectable crack growth from the artificial notches was 
first seen after 133,000 cycles.  The resulting lead crack grew along the lower rivet row, 
eventually forming an 11.8″ long unstable crack after 141,771 cycles, at which point the 
test was terminated 
Posttest fractograpic examinations of the crack surfaces were conducted, 
revealing the presence of subsurface MSD at the critical rivet row of the lap joint.  
Special attention was also given to the stringer clips that attach the fuselage frames to the 
stringers, since they also experienced cracking during the fatigue tests.  The performance 
of the different conventional and emerging NDI methods was also assessed, and some of 
the emerging NDI methods were quite effective in detecting and measuring the length of 
subsurface cracks. 
Delta Air Lines conducted a separate destructive investigation on the state of 
damage along the right-hand side of the fuselage, near stringer 4R.  A comparison of 
these two studies showed that the lap joint on the left hand-side of the aircraft, along 
stringer 4L, had better fatigue life than the one on the opposite side, along stringer 4R.  
The cause of the difference in fatigue life was investigated by close examination of the 
rivet installation qualities, and was found to be a result of better rivet installation along 
the lap joint at stringer 4L. 
Finite element models for both the skin and substructures of the panels were 
developed and geometrically nonlinear finite element analyses were conducted to verify 
the loading conditions and to determine near-field parameters governing MSD initiation 
and growth.  Fatigue crack growth predictions based on the NASGRO equation were in 
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good agreement with the experimental crack growth data for through-the-thickness 
cracks.  For subsurface cracks, simulation of crack growth was found to correlate better 
with fractography data when an empirical crack growth model was used. 
The results of the study contribute to the understanding of the initiation and 
growth of MSD in the inner skin layer of a lap joint, and provide valuable data for the 
evaluation and validation of analytical methodologies to predict MSD initiation and 
growth and a better understanding on the effect of manufacturing quality on damage 
accumulation along the lap joint. 
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CHAPTER 1:  INTRODUCTION 
 
The problems of aircraft fatigue cracking have been following the aviation 
industry since a propeller shaft fatigue failure delayed the first flight of the Wright 
Brothers’ airplane at Kitty Hawk [1.1].  The history of fatigue problems in aircraft 
fuselages dates back to the early days of pressurized cabins, and has been notorious 
throughout history as encountered in the two catastrophic structural failures of the De 
Havilland Comet I aircraft in 10 January 1954 and 8 April 1954 [1.2].  A detailed 
literature survey on fatigue of pressurized fuselage is provided in Chapter 2. 
The awareness of the subject of the aging aircraft was intensified after 1988, when 
a 19-year old Boeing 737 operated by Aloha Airlines had a structural failure [1.3].  The 
examination of the remaining structure revealed the presence of multiple fatigue cracks in 
the upper row of rivet holes of the fuselage skin lap joint – a phenomenon referred to as 
multiple-site damage (MSD).  The MSD phenomenon caught the aviation industry by 
surprise including the operators, manufacturers and regulators.  Following the Aloha 
airlines accident, effort to address the MSD problem included among others: (1) Issuance 
of airworthiness directives (AD) by the FAA to address immediate safety concerns, (2) 
The Airworthiness Assurance Working Group (AAWG) and Aviation Rulemaking 
Advisory Committee (ARAC) were established to suggest regulatory actions, research 
thrusts, aging aircraft program, etc., (3) Congress enacted the Aviation Safety Research 
Act of 1988.  The Act directed the Federal Aviation Administration (FAA) to develop 
technologies and conduct data analyses for predicting the effects of aircraft design, 
maintenance, testing, wear, and fatigue on the life of aircraft and on air safety, and to 
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develop methods of analyzing and improving aircraft maintenance technology and 
practices, including NDI of aircraft structures.  As a result of the Aviation Safety 
Research Act and concerns relating to the increasing age of the air carrier fleet (about one 
third of the fleet was “aged” at that time), the Federal Aviation Administration (FAA) 
developed the National Aging Aircraft Research Program (NAARP) to ensure the 
structural integrity of high-time, high-cycle aircraft. 
Post-Aloha incident, initial MSD attention and research were focused on lap joint 
cracking along the outer skin upper row of rivets.  However, some of the attention was 
later redirected to the inner skin lower rivet row, which is hidden, following findings on a 
lap joint test panel that had undergone pressure fatigue testing [1.5].  Subsequent 
inspections of the older B-737 (post line number 292) airplanes in service confirmed the 
existence of fatigue cracking at this hidden location.  These small cracks were not 
externally visible as they were located in the inner skin of the lap joint.  Another incident 
of inner layer lower rivet row fatigue cracking was discovered in 1998 at Delta Air Lines 
(DAL).  A 20 in crack was discovered in the inner layer of a fuselage joint of a Delta 
Airlines B-727 [1.8]. 
In the wake of the incidences discussed above, the FAA mandated inspections and 
repair of MSD cracks in the inner skin layer of the B-727 lap joints through 
Airworthiness Directive 99-04-22, namely to the lap joints deemed most susceptible (i.e., 
fuselage skin lap joints with inherent-induced bending stresses due to eccentricities 
caused by differing outer and lower skin thickness and 100% reliance on fasteners for 
load transfer).  This type of cracking was distinct from those commonly investigated in 
the past and raised new technical issues regarding hidden MSD. 
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The work in this thesis is part of a program in which the FAA performed a 
teardown inspection and extended fatigue testing of a retired passenger service aircraft, 
with the primary focus being the hidden cracks in the inner skin of the lap joint.  
Teardown inspections have been instrumental in numerous structural integrity programs 
for: (1) assessing the current state of an airplane model fleet for continued airworthiness; 
(2) developing specific fleet inspection programs; (3) validating stress magnitudes, 
service spectrum, or mission mix assumptions used for the original airplane certification; 
and (4) developing service life assessment and extension programs [1.9].   
A teardown inspection is a carefully controlled process of disassembling an 
airplane to examine and evaluate the condition and integrity of the structure.  Since 
teardown inspections are a destructive evaluation, it represents the final inspection of an 
airframe component.  There are many benefits derived from teardown inspection of high-
time, high-usage airplanes. A teardown inspection provides the best inspection 
opportunity for complex, built-up structure, and it is the most reliable approach to finding 
small cracks and defects that may not be detectable by nondestructive inspection (NDI) 
methods.  The process provides also a means to validate NDI methods and to correlate 
fatigue damage assessments with data resulting from actual-in-service conditions.  A 
teardown inspection permits total inspection of the airplane with enhanced damage 
detectability compared to normal maintenance [1.10, 1.11]. 
A critical issue facing the aviation industry is widespread fatigue damage (WFD).  
In 1999, the Airworthiness Assurance Working Group of the Aviation Rulemaking 
Advisory Committee (ARAC) published technical recommendations for rulemaking and 
advisory material to prevent WFD in the commercial fleet [1.12].  Based on the ARAC 
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recommendations, the Federal Aviation Administration (FAA) issued a Notice of 
Proposed Rulemaking requiring maintenance programs to preclude WFD as part of the 
overall FAA Aging Airplane Program [1.13, 1.14].  Teardown inspections and extended 
fatigue testing can provide key information and data to substantiate WFD assessments.  
Currently, Amendment 96 of Title 14 Code of Federal Regulations (CFR) 25.571 requires 
that it “be demonstrated with sufficient full-scale test evidence that widespread fatigue 
damage will not occur within the design service goal of the airplane.”  A corresponding 
Advisory Circular (AC) 25.571-1C provides general guidelines on the requirements and 
recommends rigorous posttest teardown inspections as a way to generate sufficient 
evidence.  However, AC 25.571-1C does not specify teardown protocol, inspection 
procedures, data collection, and subsequent analyses [1.9]. 
Bakuckas et. al [1.9] observed that while the expertise and knowledge base to 
conduct full scale extended fatigue testing and teardown inspections are well established 
by the large commercial airframe original equipment manufacturers [1.15-1.17] and 
military sectors [1.18-1.20], comprehensive guidelines and data that are documented and 
available to the broader aviation community are lacking.  In an effort to broaden the 
knowledge base within the aviation community, the FAA sponsored an activity involving 
the teardown inspection and extended fatigue testing of fuselage structure from a retired 
Boeing 727 revenue-service passenger airplane near its design service goal (DSG) of 
60,000 flight cycles.  While in service, the airplane accumulated 59,497 flight cycles and 
66,412 flight hours and was near its DSG.  The airplane was retired prior to the issuance 
of Airworthiness Directive (AD) 99-04-22, of April, 1999, mandating inspections and 
repairs for inner layer cracking of the lap joints of the B727. 
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The primary objective of this effort was to develop and document the 
experimental procedures, analytical methods, and data reduction approaches for the 
inspection, destructive evaluation, and extended fatigue testing of retired aircraft fuselage 
structure for use in developing and assessing programs for continued airworthiness.  
Eleven fuselage lap joint areas susceptible to WFD, each approximately 8 by 12 ft, were 
removed from the airplane.  Of the eleven panels, seven were destructively evaluated and 
four were designated for extended fatigue testing.  Ten of the fuselage lap joint areas are 
located on the crown of the fuselage along the lap joint at stringers S-4R and -4L, as 
shown in Figure 1.1.  One large area located in the bilge of the fuselage along stringer S-
26L was also removed.  These areas were selected based on crack findings from fleet-
wide inspections made after the issuance of AD 99-04-22. 
Nondestructive inspections revealed large number of NDI crack indications in the 
lap joint along stringer S-4R, while there were few crack indications on the opposite side 
of the aircraft along stringer S-4L.  Based on these results, the four panels with the fewest 
crack indications were designated for extended fatigue testing, as highlighted in Figure 
1.1.  Since the S-4L lap joint is geometrically similar to S-4R, it was expected that a 
significant number of undetected micro-cracks existed in these test panels as well. 
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Panel No. 2
S4-L
S4-R
FS-480 FS-740 FS-990 FS-1090
Extended Fatigue Testing
Destructive Evaluation
Panel No. 1
Panel No. 3
Panel No. 4
 
Figure 1.1:  Panels removed from the aircraft for destructive evaluation and extended 
fatigue testing 
 
Drexel University partnered with the FAA to perform extended fatigue testing of 
two of the four panels at the FAA Full-Scale Aircraft Structural Test and Evaluation 
(FASTER) Facility.  This thesis presents the work related to the extended fatigue testing 
of the two panels, located along S-L, Figure 1.1.  The comprehensive fatigue testing, 
nondestructive inspections, and post-fatigue destructive examinations, combined with the 
corresponding analysis provided a unique opportunity to monitor the development and 
evolution of fatigue cracks that initiated as a result of both in-service loading and 
extended fatigue testing.  The data provided by this study can be used to verify analysis 
methodologies to asses WFD. 
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The objective of the extended fatigue testing, which is the focus of this thesis, was 
to assess, both experimentally and analytically, MSD development and growth in the lap 
joint of curved panels removed from a retired aircraft.  This study attempts to fill up the 
needed fatigue data from the inner skin layers of aircraft fuselage lap joints.  Much of the 
fatigue results available in the literature focus on fatigue cracking on the outer skin layer 
at the upper rivet row.  This study not only addresses the inner skin lap joint cracking, 
but most significantly, it was conducted on a curved fuselage panel removed from a 
passenger service aircraft retired at the design service goal, unlike much of the work 
available in the literature.  Additionally, the lap joint had a hot bonded doubler between 
the skin layers bonded to the outer skin, which made the lower rivet row of the inner skin 
more susceptible to fatigue cracking than the traditional upper rivet row at the outer skin. 
Experimentally, the state of MSD in the panels was advanced through extended 
fatigue testing using the FASTER facility located at the FAA William J. Hughes 
Technical Center.  The test fixture is capable of applying realistic flight load conditions 
including differential pressure, longitudinal, hoop and shear load in the skin, and hoop 
load in the frames.  A detailed description of the FASTER facility can be found in [1.22].  
Originally the FASTER facility was configured to test DC9/MD80 type narrow-body 
aircraft fuselage panels.  Modifications were done to accommodate B-727 fuselage panels 
for this program.  An acceptance test program was undertaken to ensure that the modified 
FASTER fixture satisfied the design and operational requirements.  A generic curved 
panel with the same configuration and dimensions as the B727 panels was fabricated and 
used for the acceptance test.  During the fatigue tests, the state of damage was 
continuously assessed through both conventional and emerging NDI methods.  The 
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experimental procedures followed to test the two panels are discussed in Chapter 3.  The 
test program, which started in April of 2004, was completed in July of 2006.  The 
corresponding experimental results namely crack growth, NDI, and strain surveys are 
presented in Chapter 4. 
Detailed posttest fractographic examinations of the lap joints were conducted.  
The objective of the fractographic examinations was to fully determine the state of 
fatigue damage at the end of the tests, in both the skin and the stringer clips, and to 
reconstruct the history of subsurface fatigue damage growth.  In addition, the subsurface 
fatigue crack examinations were used to evaluate some of the NDI techniques used 
during the tests.  The results of the fractography work are discussed in Chapter 5. 
Analytically, finite element models for both the skin and substructures of the 
panels were developed and geometrically nonlinear finite element analyses were 
conducted to verify the loading conditions and to determine near-field parameters 
governing MSD initiation and growth.  The finite element models were verified through a 
comparison of predicted strains to those measured by strain gages installed on the panels.  
Details of the development of the finite element models, the boundary conditions used to 
simulate the applied test loads, and model validation are provided in Chapter 6. 
Fatigue crack growth analyses were conducted to simulate crack growth at the 
critical rivet row of the lap joint.  Crack growth models were used to simulate subsurface 
and through-the-thickness crack growth.  The input loads for the crack growth model 
were derived from the finite element model.  In addition a second, and empirical, crack 
growth model was used to conduct subsurface crack growth analysis.  Results of the 
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crack growth analyses were correlated with the experimental crack length measurements, 
and are discussed in Chapter 6. 
For completeness, a summary of the teardown work performed by Delta Air Lines 
is provided in Chapter 8.  This is followed by a comparison of the findings of this thesis 
with those from the DAL work in Chapter 9.  To be self-contained, each chapter includes 
its own conclusions.  The key overall findings of this study are summarized briefly in 
Chapter 10, followed by appendices that provide additional details of the results.  The 
results of this study were published in several publications [1.9, 1.23-1.27]. 
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CHAPTER 2: BACKGROUND AND LITERATURE REVIEW 
 
2.1. HISTORICAL ACCIDENTS RELATED TO FUSELAGE FATIGUE 
The design of aircraft involves years of extensive and expensive research, 
development, and testing programs, where safety is of the foremost concern to the aircraft 
industry and the regulatory agencies.  Yet, despite all of these efforts, structural failures 
do occur.  While such failures are relatively rare, each requires detailed investigation on 
the causes of failure.  The investigations normally lead to new research and development, 
improved design, and modified regulations.  For example, the 1988 Aloha incident was 
the impetus to the current investigation.  A brief history of the watershed accidents that 
resulted in changes to the federal regulations is provided below. 
2.1.1. Comet Accidents 
On January 10, 1954, a British Overseas Aircraft Company (BOAC) de Havilland 
Comet I aircraft, on its way to London from Rome, suffered a midair disintegration at 
about 30,000 feet and crashed into the Mediterranean Sea off the island of Elba.  At the 
time of the accident, the aircraft, registration number G-ALYP (known as Yoke Peter) 
had flown 3,680 hours and had experienced 1,286 pressurized flights [2.1].  Comet I 
aircraft was the first high-altitude transport jet aircraft ever flown, which enabled the 
aircraft to achieve a much higher altitude, therefore extending its range and increasing its 
efficiency.  This aircraft was capable of maintaining a cabin pressure differential of 
almost twice that of any other aircraft in service at that time [2.1].   
The Comet I fleet was grounded for modifications after the G-ALYP incident.  
Two weeks after reinstatement, on April 8, 1954, a second Comet (Yoke Yoke), on its 
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way to Cairo from Rome, crashed near Naples. Yoke Yoke had accumulated 2,703 flight 
hours and 903 flight cycles.  The Comet accidents were later found to be related to 
fatigue cracks caused by the high stresses at corners of the automatic direction finding 
window.  The fuselage cabin for this airplane was substantiated by static pressurization.  
These accidents raised concerns on how fatigue is addressed in the regulations for jet 
transport aircraft, and resulted in inclusion of fatigue requirements in the regulations. 
2.1.2. Aloha Airlines Accident 
On 28 April 1988, Aloha airlines Flight 243, a Boeing 737-200, suffered a mid-
flight explosive decompression while undertaking a regularly scheduled passenger flight 
from Hilo to Honolulu, Hawaii.  The explosion, which occurred at 24,000 feet above the 
Pacific Ocean, caused a disintegration of a 17 ft section of the crown of the fuselage.  
There were 95 people on board this flight: 89 passengers, two flight crew, three flight 
attendants, and an FAA air traffic controller in the jumpseat. Remarkably, the only 
fatality was the senior flight attendant who was sucked out of the aircraft during the 
explosive decompression.  A photo of the aircraft after the accident is shown in Figure 
2.1. 
The aircraft had been placed in service in 1969, and had accumulated 35,496 
flight hours and 89,680 flight cycles.  The design service goal (DSG) of that aircraft was 
75,000 cycles.  The 19 year old aircraft had averaged about 13 flights a day during its 
time of service, and had the second highest flight cycles in the entire B737 fleet.  In the 
accident report [2.2], the National Transportation Safety Board (NTSB) concluded, 
among others, that the fuselage failure initiated at the lap joint along stringer S-10L as a 
result of multiple site fatigue cracking along the upper rivet row of the lap joint combined 
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with disbonding of the lap joint.  Because of the disbond, there were high stress 
concentrations at the knife edges of the countersunk rivet holes, resulting in fatigue crack 
initiation.  The NTSB concluded that the long term effects of disbonding, the associated 
corrosion, and fatigue cracking in lap joints was not considered in the 150,000 cycle test 
during certification.  Response to the Aloha Airlines accident included research 
initiatives, industry activities, and government regulations.  
 
 
Figure 2.1.  Catastrophic accident of Aloha Airlines B737 
 
2.2. THE LAP JOINT 
Because of the particular significance of the Aloha incident, and its relevance to 
this particular research, a brief explanation of the lap joint is discussed herein.  Riveted 
joints (either lap joints or but joints) of aluminum sheet materials are widely used in 
aircraft structures.  The basic aircraft fuselage longitudinal joint is the lap splice.  Several 
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adaptations of the basic lap joint, shown in Figure 2.2, have been developed for most 
aircraft through design processes that are highly dependent on empirical results from 
testing [2.3].  In a lap joint, the fuselage skin panels are joined longitudinally by 
overlapping the edges of the individual panels and fastening them with rows of rivets and 
a bonding process, Figure 2.2.  
 
 
Figure 2.2.  Schematic of a basic lap joint made of three rivet rows 
 
There are many variables that affect the life of the splice.  Details of the more 
significant ones are outlined by Hoggard [2.3]. These include: 
• Hole preparation technique: Improper hole preparation could lead to a variety 
of conditions including knife edges and open holes, which shorten the life of 
the splice. 
• Adequate detail design of the joint: Appropriate ratios of bearing to bypass 
loads have significant effect on splice fatigue life. 
• In-plane and out-of-plane bending loads: This include the basic lap splice 
offset, the nonlinear effects of fuselage pressure pillowing, and rivet tilt. 
• Appropriate rivet sizing: This can materially affect the hole-filling and clamp-
up capability of the fastener, which affects fatigue life. 
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According to Schijve [2.4], the fatigue behavior of different riveted joint types 
depends on a number of variables that include rivet pattern, dimensions, fastener type, 
and riveting procedure.  Laboratory investigations of riveted joints have shown that the 
load transmission is very complex [2.4].  This is because a number of aspects are present 
in the joint including complex stress concentrations around rivet holes and secondary 
bending.  Other factors contributing to fatigue behavior include fretting corrosion at 
mating surfaces, rivet hole filling, rivet clamping, fastener flexibility, and surface quality 
of the hole.  Clearly, the quality of the riveting process greatly depends on the operator 
qualifications and performance. 
To test the fatigue behavior of mechanically fastened joints, flat panels are often 
used.  Although the flat panel approach permits easy simulation of fuselage stresses, it 
has, the lack of curvature affects the singularities of the stress field near the crack tip, 
hence the stress intensity factors.  This introduces significant errors in crack propagation 
rates and fracture strength for long cracks.  Although some empirical corrections are 
available, their validity may be limited to the particular panels tested.. 
2.2.1. Fatigue Crack Initiation 
The crack initiation phenomenon in aircraft fuselage joints is not yet fully 
understood.  Typically, cracks initiate at the edge of a rivet hole or at the faying surface 
of the aluminum sheets [2.5]. Fatigue cracks have been observed to initiate in cladding 
layers because of their lower strength [2.6, 2.7].  From the work of Wang [2.8] and Potter 
and Yee [2.9], cracks were found to nucleate from fastener holes, inclusions, tool marks 
and other small damage.  Potter and Yee also found that when a poor drilling technique 
was replaced by an improved technique resulting in better hole quality, fatigue life 
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increased by a factor of two.  Schijve [2.4] observed that crack initiation location depend 
on the rivet type and the clamping force of the sheets.  The common failure locations are 
normally:  
• The edge of the rivet row, in the minimum section. 
• Minimum section away from the rivet hole, mostly found in snap rivets and 
controlled by fretting corrosion. 
• At some distance away from the hole, when high clamping force is applied. The 
primary load transmission in this case is not pin load but “contact area load 
transmission.”  
• Outside the dimpled holes in the case of riveted joints with dimpled holes.   
The first small fatigue cracks often initiate at the faying surface due to fretting 
corrosion and initially grow as part through-cracks – stimulated by secondary bending 
[2.4].  If the cracks start at the rivet hole, the cracks front has nearly a quarter-elliptical 
shape while crack initiation away from the rivet hole often results in semi-elliptical crack 
front. 
In the study of Piascik et al. [2.10], fatigue crack initiation was found to occur in 
regions of high stress concentration factors located at or near rivet holes.  Typically, 
cracks were found to initiate at rivet hole corners, surface discontinuities such as burrs, 
dents, and abraded (fretted) surfaces.  Evidence of fretting fatigue was noted by black 
oxide deposits on the faying surface between the inner and outer skin around each rivet 
hole.  According to Rooke [2.11], the role of fretting in fatigue initiation is not clear: It 
may be either the result of cracking or its cause, increasing the local stresses and hence 
the crack driving force during early crack growth. 
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Schijve [2.4] also noted that fatigue cracks tend to initiate earlier and crack 
growth tends to be faster in moist environments.  Moisture promotes pitting and 
intergranular corrosion.  If a sealant is applied to the faying surfaces and rivets prior to 
assembly, moisture can be kept out of the splice.  Surface chemical treatments, inhibitors, 
paints, drainage, ventilation and effective maintenance tend to slow its effects.  Vlieger 
and Ottens [2.12] investigated the effects of bonding qualities of riveted Al-to-Al riveted 
lap joints on fatigue performance using uniaxial and biaxial  fatigue tests.  They observed 
that the life increased with an improved quality of the bonded joint. 
2.2.2. Fatigue Crack Growth 
The damage propagation in a fuselage structure is a function of material 
properties, structural configuration, environment, crack length of primary and secondary 
cracks, and operating loads [2.13].  Crack progression along rivet rows of a lap joint is a 
complex process.  For, example, Lucas et. al. [2.14] reviewed published in-service and 
test data of crack growth in fuselage splices.  The review included works of references 
[2.4, 2.10, 2.15, 2.16, and 2.17].  They summarized the general observed characteristics 
of crack growth in the fuselage lap joint as follows: 
• “There is a period of relatively slow growth under the rivet heads followed by 
faster growth beyond the rivet heads. Due to out-of-plane bending the crack 
nuclei grow and coalesce to form a part-through crack. The shape is roughly 
quarter- or semi-elliptical, depending on the proximity of a rivet hole. The cracks 
tend to grow faster in the direction of the row of the rivet holes than through the 
skin towards the outer surface. When cracks reach the outer surface of a lap, they 
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become through-cracks. However, the crack fronts remain slanted to some extent, 
because of the out-of plane bending.” 
• “Cluster of cracks develop in one or more frame-bays, away from frames and 
straps. The clusters may be broad, i.e. distributed along most of the width of a 
frame-bay, or they may be narrow, i.e., two or three cracked rivet holes in close 
proximity.” 
• “Then, two adjacent cracks may link-up to form a lead crack. This lead crack 
grows much faster than other, unlinked cracks and tends to dominate subsequent 
crack growth within a frame-bay. The link-up of the remaining cracks and 
uncracked holes proceeds one ligament at a time until there is a linked crack 
spanning most of the frame-bay. This is, in other words, the problem of MSD. The 
critical size for MSD based on the size of the outlying cracks can be much smaller 
than that of a single crack, making it harder to detect the critical cracks by 
inspection.” 
• “All fatigue cracks initiate at the rivet hole horizontal centerline or in the upper 
half of the rivet row. Cracks grow longitudinally, along the rivet row, in most 
cases. In some cases they grow obliquely, indicating the presence of in-plane 
shear stress.” 
• “A large MSD cluster and uniform crack lengths result in a relatively short 
period between the first link-up and the development of a linked crack across the 
full frame bay. On the other hand, either small uniform clusters or non-uniform 
cracks will result in a relatively long growth period after the first link-up. The 
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mechanism of link-up involves a complex pattern of plastic deformation and 
necking across the full width of the ligament prior to fracture.” 
Lucas et al. [2.14] also conducted experimental fatigue testing and damage 
characterization of riveted lap joint bays to assess MSD effects, and they observed that 
the general characteristics discussed above also applied to their work.  The conclusion 
from their work was that the loading of the lap joint results in a complex 3-D stress 
distribution at the rivet holes resulting from residual stresses, remote loading, and 
bending stress due to joint eccentricity.  Crack initiation was found to occur at regions of 
high stress concentration at or near rivet holes. 
2.2.3. Fatigue Crack Growth Prediction 
The fatigue behavior of mechanically fastened joints is a complex phenomenon 
due to parameters such as fastener patterns, type of fastener, joint dimensions [2.4], and 
the many other variables discussed above.  The effects of these parameters and variables 
on fatigue behavior have been studied extensively.  However, fundamental understanding 
of each individual parameter and its influence on fatigue performance is not yet fully 
understood.  As suggested by Schijve [2.4], this might be a result of the difficulties in 
measuring the effect of individual parameters. 
Prediction of fatigue life includes both initiation life and crack propagation life 
[2.18], although there is no unique relationship between relative proportions of the total 
life of the initiation phase and the crack propagation phase.  Crack initiation is a random 
event; therefore, it is normally found that the scatter in crack growth is generally smaller 
than the scatter in crack initiation [2.19]. 
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Fracture mechanics provides a means of quantitatively assessing behavior of 
cracks.  Application of the principles of fracture mechanics to a practical problem 
requires knowledge of crack size, service stress, stress intensity factor (SIF), and material 
properties [2.20].  According to Goranson [2.13], the crack-tip SIF is the most relevant 
parameter for prediction of crack growth rates with any combination of applied stress, 
geometry, and crack length.  
Closed-form SIF solutions are usually not available practical engineering 
applications.  The SIF solutions are normally constructed as a combination of the 
fundamental solutions and correction factors that are based on theoretically or empirically 
determined boundary and crack shape effects [2.21] using the principle of superposition 
for linear problems.  Other methods of obtaining SIF solutions include the use of weight 
function techniques and finite element analyses.  More often, researchers use the libraries 
of SIF solutions present in crack growth programs such as FRANC2D, NASGRO, 
AFGROW, etc.  Commonly used SIF solutions for corner cracks emanating from holes 
include the Newman and Raju [2.22] equations and Fawaz [2.23] solutions.  These SIF 
solutions are often used in crack prediction models like the NASGRO equation [2.25]. 
Fawaz et al. [2.24] conducted crack growth predictions by applying the Newman 
and Raju SIF equations for corner cracks and those of proposed in [2.23] for through the 
thickness cracks.  Two types of fatigue specimens were tested in that work, open hole 
specimens and asymmetric lap joints.  The Newman and Raju solutions were found to 
overestimate the value of SIF in riveted joints.  Fawaz et al. [2.24] suggested that 
additional work is needed to evaluate the solutions over a wider range of joint 
geometries.  Crack growth predictions using the Fawaz SIF solutions agreed well with 
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experimental results for through the thickness cracks.  From the 3-D finite element 
analysis, they found that the residual stress around a rivet hole due to rivet installation 
reduces the rivet tilting, stress concentration, and SIF range, all of which contribute to a 
longer fatigue life.  Lucas et al. [2.14] conducted crack growth prediction on lap joint 
specimens using the fatigue crack growth program FRANC2D, and the agreement 
between the predictions and experimental results was good.  
Using an extensive experimental database that was assembled from detailed 
teardown examinations of fatigue cracks at rivet holes, Harris et al. [2.26] developed a 
comprehensive analysis methodology to predict the onset of WFD in fuselage lap joints.  
In that work, several computer codes, such as FASTRAN, were developed with 
specialized capabilities to conduct the various analyses that make up the comprehensive 
methodology.  Their study led to the development of a “practical engineering approach” 
of predicting fatigue crack growth in riveted lap joints.  It was found that fatigue crack 
growth behavior is well behaved, and can be predicted using a deterministic approach.  
Predictions were conducted using the methodology and compared with the experimental 
results in the database, and were found to compare well. 
2.2.4. Residual Strength 
Small undetectable MSD cracks can have a considerable effect on the residual 
strength capability of aging aircraft structures [2.27].  According to Harris et al. [2.26], 
the residual strength of cracked 2024-T3 coupons, laboratory lap joints, structural test 
articles, and aircraft fuselages requires non-linear elastic plastic fracture mechanics 
analysis.  In their practical engineering approach, the STructural Analysis of a General 
Shell (STAGS) code and the crack-tip opening angle (CTOA) fracture criterion were 
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successfully used to predict stable tearing and residual strength.  These predictions were 
made for lap joints with MSD cracking in large structural articles simulating fuselage 
panels.  
A crack linkup method, based on plastic zone linkup (PZL) criteria has been 
proposed by a number of researchers, including Swift [2.27] and Broek [2.28].  This 
criterion does not account for the effects of plasticity with the same rigor as other 
advanced fracture mechanics techniques, but relies on accurate determination of the SIF 
at the lead crack and MSD.  However, this approach is far simpler, and with some tuning 
it is sufficiently accurate [2.29].  Broek [2.28], Ingram [2.29], and Smith [2.30] have 
developed various forms of this model for Al 2024-T3, and predicted link-up stresses 
within 5% of experimental data for multiple cracks in open holes or slit-cracks 
specimens.  Ingram et al. [2.31] applied this methodology to predict linkup stresses for 
two sets of MSD-cracked bolted joints, giving an average error of about 8% on the 
conservative side. 
Under an FAA-funded program [2.32], residual strength analyses using the 
presently available analytical methods were conducted and compared with the test results.  
The goal was to asses the effect of MSD on the residual strength of structures.  In support 
of this work, sixteen large flat panels with four different splice joint types for residual 
strength testing were fabricated.  The test specimens were fabricated with a large lead 
crack (simulated by a large saw cut) and several small occurrences of equal-lengthened 
MSD (also simulated by other saw cuts) to validate various analytical models.  Test 
results from a curved panel test program at the FAA Technical Center were also 
compared to analyses results.  Three residual strength prediction models were evaluated, 
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namely, CTOA, T* integral, and PZL.  The study found that [2.32]: 
• “The PZL provides a quick and simple solution to asses the effects of MSD on the 
residual strength of structure with a lead crack.” 
• “The T* resistance method based on advanced fracture mechanics theories is 
capable of accurately predicting stable tearing of cracks in flat sheets.” 
• “The CTOA criterion, in conjunction with the versatility of the STAGS code, 
makes it possible to analyze the residual strength of complex structure types 
under various loading conditions.” 
2.2.5. Lap Joint Inner Layer Cracking 
In a three-row longitudinal lap joint, the center row of rivets often secures the lap 
joint to a stringer underneath the skin as shown in Figure 2.3.  The early service history 
of production B737 airplanes with cold-bonded joints revealed that difficulties were 
encountered with this bonding process [2.3].  This was also seen in the B727 and B747 
airplanes with similar joint construction technique.  Boeing discontinued the cold 
bonding process after production line number 291 on the B737 (1972).  Production of 
B727 line number 850 and subsequent numbers and B747 line number 201 and 
subsequent numbers also included the new and improved lap joint design.  In the later 
versions of the lap joint design, the cold bonding process was discontinued and replaced 
with a faying surface sealed lap joint having an increased joint thickness.  The top 
overlapping panel (outer skin) was made thick enough, sometimes by means of a hot 
bonded doubler, as shown in Figure 2.3, that no knife edges at the rivet holes were 
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present.  This additional thickness alleviated the “knife-edge” problem caused by the 
countersunk rivets in the single layer lap joints. The edge of a countersunk rivet hole acts 
as a stress concentration site and can increase the local stress by a factor of three or more 
[2.5]. 
 
Inner (Lower) 
Skin
Cold Bonded 
Lap Joint
Stringer
Knife Edge
Outer 
(Upper) Skin
Doubler
(hot bonded 
to outer skin)
Faying Surface 
Sealant
(a)  Cold bonded with no doubler (b)  Hot bonded with doubler
Inner (Lower) 
Skin
 
Figure 2.3.  Boeing lap joint configurations in narrow body aircraft 
 
An incident of inner layer lower rivet row fatigue cracking was discovered in 
1998 at Delta Air Lines (DAL).  A 20-inch-long crack was discovered in the inner layer 
of a fuselage joint of a Delta Airlines B727 [2.37].  The initial finding, reported by 
technicians working on a nearby area of the aircraft, appeared as two cracks 
approximately two inches long from the fastener holes at the frames, Figure 2.4.  After 
the joint was disassembled, a 20-inch-long crack was found at the lower rivet row in the 
  
24
inner skin that spanned the entire frame bay.  The crack was the result of the link-up of 
small MSD cracks from each fastener.  The inner skin of this joint was 0.04 inch thick 
compared to 0.063 inch thick of the outer skin.  DAL then carried out a fleet-wide 
inspection of the lap joints of aircraft in a susceptible range of flight cycles, which 
revealed further cases of hidden MSD in the lower rivet row of the lap joints.  
 
First Initiation (Hole 9)
Aft
Up
9 10 116 124 87 16135 14 15
Fuselage Lower Skin @ Lap Joint (Externally Hidden Detail)
Frame Shear Tie
Externally Visible Portion of Crack
 
Figure 2.4.  Crack discovered in lap joint of a B727 [2.37]  
 
2.3. EXTENDED FATIGUE TESTING 
Full-scale static and fatigue tests are required to certify new airplanes.  In such 
cases, static tests are conducted to verify limit load carrying capability and to satisfy 
certification requirements.  Fatigue tests locate areas that may exhibit fatigue problems 
and verify inspection and maintenance procedures.  In the original design of an aircraft, 
the usage of the aircraft is normally estimated on a 20-year economic life and a specific 
utilization.  This testing often does not take into account corrosion and/or accidental 
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damage that can accelerate fatigue cracking.  As the commercial and military aircraft 
fleets continue to age, there is a growing need to understand structural integrity beyond 
the aircraft’s design service goal (DSG).  Additionally, most of the original fuselage tests 
did not take into account the MSD scenario.  These concerns are often addressed with 
extended fatigue test programs.  The term “extended fatigue loading” refer to the fatigue 
testing of aircraft components after the termination of their service.  The fatigue tests and 
associated teardown activities are often conducted by the airframe manufactures, and 
unfortunately the data obtained are almost always proprietary and seldom reported in the 
literature.  This section discusses some of the few aircraft fuselage extended fatigue test 
programs available in the literature. 
The Boeing Model 727 was originally tested to its DSG of 60,000 flight cycles 
during certification.  In the mid nineties, Boeing purchased back a retired 25-year old 
B727 with 47,000 flight cycles [2.42].  An extended fatigue testing program was 
completed in 1995, where the fuselage was tested to an additional 123,000 cycles.  A 
number of cracks were experienced in the fuselage, namely; severed lower lube frames,  a 
twenty-inch crack in the lap splice lower fastener row, and a fifteen inch fuselage skin 
crack along stringer 5L.  Teardown inspection of the fuselage structure was performed, 
but the results are not available in the literature. 
Boeing also purchased an 18-year old B737 fuselage (59,000 in service flight 
pressure cycles) from an airline in 1987 for extended fatigue testing by pressurization 
cycles.  Small cracks of approximately 0.09″ beyond the fastener head were found in the 
upper rivet row countersunk fasteners at the lap splice along S4R after 79,000 flight 
cycles (≈24 years) [2.38].  Approximately one-third of the fasteners (rivets) in the upper 
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rivet row developed cracks. The cracks linked-up at a later stage, resulting with a 
decompression failure (flapping) after 100,600 cycles, which is equivalent to 30 years of 
in-service flights.  The lead crack reached a longitudinal length of 32″ by the end of the 
test.  The fatigue life of this fuselage was fairly close to the service life of the Aloha 
aircraft that experience the 1988 mid-air explosion.  Multiple-site-damage was present in 
adjacent holes and adjacent frame bays [2.13].  The MSD had nonuniform distribution of 
crack sizes. 
A retired 15-year old 7B47-100SR with 20,000 range cycles was also purchased 
back by the Boeing Co. for additional full-scale fuselage fatigue test [2.13].  The fuselage 
was pressure tested to 40,000 cycles.  An initial crack was detected in the lap splice at 
S14R at 21,500 cycles.  The cracks eventually linked up, with other cracks resulting in a 
5.9″ fatigue lead crack at 40,000 cycles when the test was stopped.  According to 
Goranson [2.13], the crack growth rate data from the test indicated a seven year damage 
detection period before linkup, assuming 1,500 flights per year of normal operations.  
Details of the teardown inspections of the above extended fatigue tests are not 
available in the literature.  Piascik et al. [2.44, 2.45] conducted a teardown of a B747 
fuselage, although no details of the fatigue history of the airplane are provided. The 
teardown was carried out at NASA Langley Research Center.  According to Piascik 
[2.45], the aim of the work was to create a data base that will establish the characteristics 
of multiple site fatigue damage contained in fuselage riveted lap splice structure. The 
detailed destructive examinations identified: (1) the damage mechanisms contributing to 
fatigue crack initiation in riveted structure, (2) the physical behavior of fatigue crack 
propagation from rivet holes, and (3) the characteristics of fatigue crack link-up in the lap 
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splice joint.  Several panels were removed from the airplane: four full bays and two 
partial bays.  
Cracks in the fuselage skin lap splice joint were observed in a few localized 
regions of the structure.  A schematic showing the locations of fatigue crack initiation at 
the rivet holes is shown in Figure 2.5.  Typically, outer skin cracks initiated at the inboard 
corner of the rivet hole.  These crack initiation sites exhibited disturbed metal and 
possible evidence of local clad thinning.  Another initiation site on the outer skin was at 
the inboard surfaceat surface clad defects.  These surface cracks were located at the 
outer/inner skin interface near the rivet hole countersink.  Evidence of surface clad 
abrasion (fretting) was observed at the point of crack initiation, i.e., clad surface 
disturbed metal, black oxide debris at the outer/inner skin interface and micro-cracks at 
the clad metal interface in some cases. Rivet hole surface cracks typically initiated at 
surface discontinuities while inner skin corner cracks initiated at corner discontinuities. 
 
Figure 2.5.  Schematic showing the locations of fatigue cracking [2.44] 
 
Douglas Aircraft Company (now a division of Boeing Commercial Airplanes) 
initial design goals were set to an equivalent economic life of 20 years [2.46].  To meet 
this demand, Douglas designed and built each aircraft for a minimum average useful life 
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of 40 years.  According to Hagermaier et al. [2.47], Douglas purchased back a 15-year 
old DC-9 No.3 aircraft in 1981 which had accumulated more than 66,500 flight cycles.  
The aircraft was stripped of all items and thoroughly inspected using visual and NDI 
techniques, and found to be free of fatigue cracks and corrosion.  The fuselage shell was 
extended pressure-cycled to a total of 208,000 flights, including the in-service history. 
During the test, selected areas of the structure were periodically evaluated by NDI. After 
the test, teardown inspection of the fuselage structure was conducted, including more 
than 8,000 fastener holes in 22 feet of fuselage lap splices.  The specimens were visually 
inspected at 5X magnifications, and found to be crack-free.  In addition, there was no 
reported corrosion found in the faying surface. 
2.4. PREVIOUS CURVED PANEL TESTS AT FAA TECHNICAL CENTER 
Previously, at the FAA Technical Center, studies were conducted to assess the 
effects of MSD on the fatigue crack growth and residual strength of fuselage structure 
[2.49, 2.50] as part of the FAA aging aircraft program.  The studies were conducted to 
assess the effects of MSD on the fatigue crack growth and residual strength of fuselage 
structure by providing experimental data to support and verify analysis methodologies to 
assess the effects of WFD and MSD on structural integrity. 
Two of the panels contained longitudinal lap joints and two contained 
circumferential butt joints [2.49].  The tests were conducted using the FAA Full-Scale 
Aircraft Structural Test Evaluation and Research facility (FASTER) [2.51].  Different 
cracking scenarios were introduced into the panels including lead crack only and lead 
cracks with multiple short wire cuts ahead of the crack tips to simulate MSD.  The panels 
were subjected to constant-amplitude cyclic loads including internal pressure and the 
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balancing tensile loads in the hoop and longitudinal directions.  The maximum applied 
internal pressure was 10.1 psi for the lap-joint panels and 8.8 psi for the butt-joint panels.  
Post-fatigue residual strength tests were conducted by loading the panels statically until 
catastrophic failure. 
The presence of MSD resulted in a significant reduction in the number of cycles 
required to grow the lead crack to a pre-determined length.  For the lap joint panels, the 
number of cycles needed to grow the lead crack to the final length of 12.5" was about 
37% fewer in the presence of MSD.   For the butt joint panels, the number of cycles 
required to propagate the crack to the location of the first intact stringer was 
approximately 27% fewer for the panel that contained the lead crack and MSD.  The 
presence of MSD was also found to reduce the residual strength by approximately 20%. 
Another study recently conducted at the FASTER facility [2.52] investigated the 
initiation, growth, and interaction of MSD in a pristine lap joint fuselage panel.  In that 
test, cracks developed in the outer skin layer along the upper critical rivet row.  The first 
MSD linkup occurred after 106,217 cycles, forming a lead crack.  The lead crack 
subsequently grew very rapidly along the outer rivet row eventually forming a 16″ two-
bay crack after 107,458 cycles.  Scanning electron microscope fractographic 
examinations of the fracture surfaces revealed damage along the faying surface of the 
outer skin.  As a result, subsurface cracks initiated at multiple origins and grew mainly 
along the faying surface before becoming through-the-thickness cracks.  Excellent 
agreement was obtained between crack lengths and crack growth rates measured from 
fractography with the visual observations during the test. 
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2.5. B727 TEARDOWN AND EXTENDED FATIGUE TEST – CURRENT 
INVESTIGATION 
In a joint effort with Delta Air Lines, The FAA recently performed a partial 
teardown inspection, destructive evaluation, and extended fatigue testing of fuselage 
structure from a retired revenue-service passenger airplane.  The primary objective of this 
effort was to provide better understanding of the precursors to widespread fatigue damage 
(WFD) through detailed characterization of a retired aircraft, and to validate analytical 
and inspection approaches to preclude WFD in service.  This was accomplished by 
developing and documenting the experimental procedures, analytical methods, and data 
reduction approaches for the inspection, destructive evaluation, and extended fatigue 
testing of fuselage structure.  The results of this work were reported in a five-volume 
FAA report [2.53 – 2.57] and in several conference proceedings.  A brief summary of the 
major accomplishments from this project is given by Bakuckas et al. [2.58].  The project 
included efforts by the FAA Technical Center, Delta Air Lines, FAA-AANC, Drexel 
University, Mississippi State University, and Georgia Institute of Technology. 
The work reported in this thesis is the extended fatigue test portion of the project.  
For completeness, Chapter 9 of this thesis also summarizes the major results from the 
project, other than the extended fatigue test. 
2.5.1. Description of Airplane and Structure 
A retired Boeing 727-232 airplane, near its design service goal, was used in this 
project.  The airplane, which had been operated exclusively by Delta Air Lines was serial 
number 20751, line number 1000, and registration number N474DA.  Figure 2.6 shows 
the airplane at the storage site and is representative of typical 14 CFR Part 121 revenue-
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service passenger aircraft currently used in the domestic fleet.  The airplane was placed 
into service in 1974 and retired in 1998.  While in service, the airplane accumulated 
59,497 flight cycles and 66,412 flight hours and was near its DSG.  The airplane was 
retired prior to the issuance of Airworthiness Directive (AD) 99-04-22 mandating 
inspections and repairs for inner layer cracking of the lap joints of the B727. 
 
a.  Airplane As-Stored b.  After panels removed  
Figure 2.6.  The retired airplane parked at Southern California Logistics Airport. The 
figure shows the airplane (a) before the panels were removed and (b) after the panels 
were removed 
 
Eleven large sections of fuselage, representative of structure susceptible to 
widespread fatigue damage, and each approximately 8 by 12 ft, were removed from the 
airplane, with the primary focus being the lap joints.  Ten of the fuselage lap joint areas 
are located on the crown of the fuselage along the lap joint at stringers S-4R and -4L, as 
shown in Figure 2.7.  One large area located in the bilge of the fuselage along stringer S-
26L was also removed.  These areas were selected based on crack findings from fleet-
wide inspections made after the issuance of AD 99-04-22. 
Both conventional and emerging nondestructive inspection (NDI) methods were 
used (both in field and laboratory environments) for inspections before and after the 
sections were removed.  There were a large number of NDI crack indications in the lap 
joint along stringer S-4R, while there were few crack indications on the opposite side of 
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the aircraft along stringer S-4L.  Based on these results, the panels with the fewest crack 
indications (S-4L) were designated for extended fatigue testing, at the FASTER facility 
by the FAA and Drexel University while those along stringer S-4R were designated for 
destructive evaluation, at Delta Air Lines.  Since stringer S-4L lap joint is geometrically 
similar to stringer S-4R, it was expected that a significant number of undetected micro-
cracks existed also (along S-4L).  The location of the panels in the airplane and their 
designated use are shown in Figure 2.7. 
 
Panel No. 2
S4-L
S4-R
FS-480 FS-740 FS-990 FS-1090
Extended Fatigue Testing (panels with little cracking)
Destructive Evaluation (panels with extensive cracking)
Panel No. 1
Panel No. 3
Panel No. 4
 
Figure 2.7.  Panels removed from the airplane.  The panels with little damage were 
designated for extended fatigue testing while the panels with extensive cracking were 
destructively evaluated 
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A procedure was developed to disassemble joints and expose crack surfaces at 
rivet holes.  Using this procedure, seven panels were destructively evaluated at DAL to 
characterize the state of multiple-site damage using fractographic examinations. Crack 
information obtained from the destructive evaluations was used to assess the capability of 
20 different conventional and emerging NDI methods to find small hidden cracks.  For 
two of the remaining four panels, the state of damage was advanced through extended 
fatigue testing using the FAA Full-Scale Aircraft Structural Test Evaluation and Research 
facility, in order to generate data to enable calibration and validation of WFD predictive 
methodologies, and to serve as a test-bed to evaluate the sensitivity and effectiveness of 
standard and emerging NDI to detect small hidden cracks.  The remaining two of the four 
panels will be subjected to extended fatigue testing in the future.  The different tasks of 
this project are discussed below. 
2.5.2. Inspection Capability Assessment 
Nondestructive Inspection techniques and their capability to detect the cracking 
expected in a fuselage lap joint were evaluated in this part of the project.  The results of 
this work were reported by Piotrowski [2.54].  The NDI detectability of small cracks was 
evaluated by comparing the crack information obtained during the destructive damage 
examinations to the results of the baseline NDI conducted before the teardown.  This 
effort utilized NDI methods currently used in industry and those that have not yet found 
widespread use, including the methods that are still in the developmental stages.  The 
inspection results were analyzed by statistical analysis in order to determine probability 
of detection.  In addition, a qualitative assessment of each method’s readiness for use in 
the aircraft maintenance and repair industry was conducted. 
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2.5.3. Damage Characterization 
In this task, the state-of-damage of all fuselage sections/structure removed from 
the aircraft, except the panels that were to be subjected to extended fatigue testing, were 
characterized.  The results of this work were reported by Ramakrishnan and Jury [2.55].  
The destructive examinations were conducted on rivet holes with visually-observed or 
NDI-detected cracks.  This included scanning electron microscope (SEM) examination of 
the cracks, including crack growth history reconstruction from fracture surface fatigue 
striation counts.  Selected structures that exhibited damage based on NDI and visual 
inspection results were also destructively examined to measure and quantify the extent of 
corrosion, faying surface fatigue, and structural disbonds (at tear-straps, lap joints, etc).  
The data collected for each individual damage site was documented in an electronic 
database. 
2.5.4. Data Analysis 
In this task, the crack data (patterns, distributions, sizes and shapes) determined 
during the damage characterization task were analyzed to demonstrate how to use these 
data to characterize MSD crack initiation, crack detection, and crack growth.  
Analytical/computational methods were developed to correlate the state of MSD at any 
point in time.  A procedure was also developed to estimate the number of cycles to crack 
initiation and estimate the size, extent and distribution of cracks characterizing MSD 
initiation.  Stress spectra used during the extended fatigue testing and analysis were also 
developed.  The goal of the stress spectra is to produce MSD crack initiation and growth 
during testing that is as close as practical to that experienced during aircraft service.  The 
results of this work are presented by Steadman [2.56]. 
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2.5.5. Extended Fatigue Testing 
Four fuselage panels, were designated for extended fatigue testing using the FAA 
Full Scale Airframe Structure Test Evaluation and Research facility to: (1) propagate and 
extrapolate the state of damage beyond one design service goal (DSG);  (2) characterize 
and document the state of damage through real-time NDI, high-magnification visual 
measurements, and posttest destructive evaluation of fracture surfaces; and (3) correlate 
analytical/computational methods to determine crack initiation and detection, first linkup, 
and residual strength.  The work presented in this thesis is from this extended fatigue 
testing program of the first two panels.  The remaining two panels will be tested in the 
future.  The test results from the two fatigue tests are also provided by Mosinyi and 
Bakuckas [2.57]. 
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CHAPTER 3: EXPERIMENTAL PROCEDURES 
 
3.1. INTRODUCTION 
This investigation was part of an overall program in which the Federal Aviation 
Administration (FAA) sponsored a teardown inspection and extended fatigue testing 
using a retired aircraft fuselage structure.  The background of the overall program is 
provided in Chapter 2.  The airplane selected for this study was a retired Boeing 727-232, 
which had been owned and operated by Delta Air Lines.  Two fuselage panels were 
tested at the FAA Full-scale Aircraft Structural Test Evaluation and Research (FASTER) 
facility, located at the FAA William J. Hughes Technical Center.  Prior to testing, all 
rivet holes in the test sections of the test panels were cataloged and inspected using high-
magnification visual observations and conventional and emerging nondestructive 
inspection (NDI) methods.  In addition, strain measurements were conducted throughout 
the panels to ensure proper load introduction. 
Fatigue tests were conducted by applying programmed loading spectra with 
periodic underloads to mark the fracture surfaces in the aluminum skin to aid in post-test 
fractographic examinations.  Two panels were tested in this work, designated as Panel 
No. 1 and Panel No. 2.  The panels were subjected to fatigue loads, simulating in-service 
flight load conditions. In addition, Panel No. 2 was also subjected to elevated fatigue 
loads in the following sequence: (i) according to regulatory residual strength loads of 
Title 14 Code of Federal Regulation (CFR) 25.571; (ii) design limit loads of CFR 25.365; 
and (iii) applying maximum loads that were greater than the design limit load, but less 
than the ultimate loads, until unstable crack growth occurred.  Several conventional and 
emerging NDI were used throughout the fatigue test to monitor crack development and 
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growth.  Posttest fractographic examinations of the fracture surfaces were conducted 
using a stereomicroscope and a scanning electron microscope (SEM) to determine 
subsurface crack growth behavior and determine the state of damage at the end of the 
fatigue loading.  An optical microscope was also used to inspect polished cross-sections 
of the lap joint in order to determine the rivet installation quality. 
In this chapter, the experimental procedures for the various stages of the two tests 
are outlined.  Detailed descriptions of the test panels, test facility, NDI equipment, optical 
microscope, stereomicroscope, and the SEM are also provided.  
3.2. TEST PANEL DESCRIPTIONS 
The two panels were removed from the crown of the airplane as shown in Figure 
3.1.  Each panel is 125″ in the longitudinal direction, 73″ in the circumferential direction, 
with a radius of 74″.  The panels are structurally similar, except for the location of the 
circumferential butt joint.  The inner and outer surfaces of Panel No. 1 are shown in 
Figure 3.2.  The panels are structurally similar, except for the location of the 
circumferential butt joint.  
 
Panel No. 2 Panel No. 1
 
Figure 3.1.  Location of panels on fuselage crown 
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Butt Joint
 
Figure 3.2.  Photographs of the inner and outer surfaces of Panel No. 1 
 
The structural details and dimensions of the two panels are shown in Figure 3.3.  
Each panel consists of six frames, six stringers (S-2L through S-7L), a longitudinal lap 
joint along S-4L, and a circumferential butt joint.  The location of each frame on the 
actual fuselage is identified by a fuselage station (FS) number, which indicates the 
distance in inches from a reference point located near the forward end of the fuselage.  A 
higher fuselage station number indicates a position further away from the reference point, 
meaning that higher station numbers are further aft.  Panel No. 1 spans from FS 620 
through FS 720, and has a circumferential butt joint along FS 680.  Panel No. 2, is 
forward of Panel No. 1, and starts from FS 480 through FS 580, and has a butt splice at 
FS 480. 
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Figure 3.3.  Panel No. 1 drawing, showing substructure 
 
The skin of the panels is made of 2024-T3 aluminum alloy 0.04 inches thick.  A 
longitudinal lap joint is located slightly off the centerline along stringer S-4L.  Each panel 
has six frames and six stringers as shown in Figure 3.3.  The spacing between each two 
adjacent frames is 20″ while the stringers are spaced 9.5″ apart.  The stringers have a hat-
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shaped cross section and are riveted to the skin with one row of rivets (middle rivet row 
of the lap joint). 
 
S-2L
S-7L
S-4L
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S-5L
S-6L
FS 480 FS 580500 520 540 560
73"
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Row C
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aft
 
Figure 3.4.  Panel No. 2 drawing, showing substructure 
 
The frames are not attached directly to the skin, but rather, riveted to the stinger 
clips, that are in turn, riveted to the skin.  This arrangement is known as a “floating 
frame” configuration.  The Z-shaped frames, stringer clips, and hat-shaped stringers are 
made of 7075-T6 aluminum alloy.  The thickness of the frames is 0.050″ while the 
stringers and stringer clips are 0.032″ thick. 
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There is a tear strap on the inside of the fuselage skin beneath every frame.  The 
tear straps are simply aluminum 2024-T3 strips attached circumferentially to the skin of 
the fuselage.  The purpose of a tear strap is to arrest longitudinal cracks and to contain the 
damage between the two tear straps.  These tear straps are fabricated from 0.040″ thick 
2024-T3 aluminum alloy and are bonded to the fuselage skin.  A solid model of the panel, 
showing the tear straps, which are 2.4″ wide, is shown in Figure 3.5.  The figure also 
shows the other inner structural details of the panel.  The lower skin and upper skin are so 
named as discussed in the next paragraph. 
 
Frame
Stringer Clip
Stringer
Tear Strap
Lower Skin
Upper Skin
 
Figure 3.5.  Solid model showing inner surface of panel 
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The longitudinal lap joint consists of the two 0.040 thick 2024-T3 aluminum skin 
layers joined by a 0.020 inch thick 2024-T3 aluminum doubler layer sandwiched between 
the two skin layers, which are connected together by three rows of rivets labeled A, B, 
and C,  Figure 3.6.  The three rows of 5/32″ diameter Al 2017-T4 rivets are spaced about 
0.90 inches apart.  The doubler is cold bonded to the outer skin while there is an 
elastomeric sealant between the doubler and the inner skin of the lap joint.  The middle 
rivet row (row B) is common to both the joint and the underlying hat-shaped type 
stringer, while rivet rows A and C join the two skins to the double as shown in Figure 
3.6. 
The lap joint consists of fifteen equally spaced rivets between neighboring frames 
in each row for a total of forty five rivets in the test section.  The nominal spacing 
between the rivets, in each rivet row is 1.06″.  From the results of the teardown inspection 
performed on the lap joint on the right-hand side of the same airplane at S-4R [3.1], it 
was anticipated in these tests that fatigue cracks would develop in the inner skin of the 
lap joint at the lower rivet row A.  A detailed discussion of this particular issue is given in 
Chapter 2, section 2.2.5.  The skin layer that continues upwards from the lap joint is 
known as the outer skin, while the skin layer that continues downwards from the lap joint 
is called the lower skin, because of their locations in the airplane relative to the lap joint, 
Figure 3.6.  At the lap joint, the lower skin is called the “inner” skin since it is the inside 
layer of the joint stack-up.  Similarly, the upper skin is called the “outer” skin, at the lap 
joint, as shown in Figure 3.6. 
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Figure 3.6.  Schematic of the longitudinal lap joint 
 
The panels were modified and prepared for testing in the Full-Scale Aircraft 
Structural Test Evaluation and Research loading fixture (see next section).  The four 
edges of the curved panels, along which the hoop and longitudinal loads are applied, were 
reinforced by bonding 0.050″ thick aluminum alloy doublers to the skin.  This was done 
in order to ensure a uniformly distributed load transfer.  The reinforcing doublers along 
the longitudinal sides of the panel were 112″ long while those along the hoop sides were 
56″ long.  Holes, 0.5″ in diameter were spaced approximately 4″ apart along the 
longitudinal doublers and 3.5″ apart along the hoop doublers to attach the whiffle tree 
assemblies, which apply the load.  Altogether, there were 28 load application points along 
each side of the panel and 16 load application points along each end.  In order to 
reinforce the load application points at the frames, doublers were added to the frame 
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ends, where they attach to the frame loaders.  The test section of the panels, the area in 
which the effects of the fixture attachment points could be neglected, is approximately 
one frame bay and one stringer bay from the reinforcement area, Figure 3.3 and Figure 
3.4. 
Each panel was instrumented with a total of over 100 uniaxial, biaxial, and rosette 
strain gages to monitor and record strain distribution during the test.  The Strain gages 
were installed on the skin, frames, and stringers.  Several back-to-back strain gage sets 
were installed at various locations on the skin to measure skin bending.  The locations of 
the strain gages are shown in Figure 3.7 and Figure 3.8 respectively for Panel No. 1 and 
Panel No. 2.  The procedures for strain gage installation, the types of strain gages used, 
and the exact locations of the strain gages in the two panels are given in Appendix A and 
reference [3.3].  The strain gages were connected to strain gages bridges, and shunt 
calibrated before the tests.  The calibration of the gages was performed at once before 
each test, and remained stable throughout the test. 
3.3. TEST FACILITY 
As part of the National Aging Aircraft Research Program, the Full-Scale Aircraft 
Structural Test Evaluation and Research Facility (FASTER) facility was established at 
the FAA William J. Hughes Technical Center for testing large curved panels 
representative of aircraft fuselage structures under realistic flight load conditions [3.3], 
Figure 3.9.  The FASTER facility provides experimental data to validate and support 
analytical methods under development, including widespread fatigue damage assessment 
approaches, analysis and design of repairs, and new aircraft design methodologies.  The 
FASTER, shown in Figure 3.9, is discussed below. 
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Figure 3.7.  Location of strain gages in Panel No. 1 
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Figure 3.8.  Location of strain gages in Panel No. 2 
 
  
46
 
Control Room
 
Figure 3.9.  Photographs of the FASTER test fixture and control room 
 
The FASTER fixture assembly is shown in the exploded view in Figure 3.10.  The 
fixture consists primarily of a base structure, hoop load assembly, longitudinal load 
assembly, fuselage pressure box, frame load assembly, and shear fixture assembly.  The 
FASTER facility also features a computerized instrument control and a data acquisition 
system housed in the control room, Figure 3.9. 
The test fixture is capable of static and dynamic pressurization of curved fuselage 
panels.  The fuselage panel covers the opening of the pressure box, Figure 3.10, and the 
pressure load is applied to the panel from the pressure box.  The hoop and longitudinal 
stresses are applied by the controlled application of the distributed loads around the 
perimeter of the test panel.  Forces are distributed using a two-tier, coaxial wiffle tree 
assembly (discussed below), which generates four equal forces from each controlled load 
mechanism.  A total of 7 such load mechanisms are used along each side of the panel, 
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distributing hoop loads at 28 attachment points.  Similar loading fixture are located along 
each end of the panel, consisting of 4 load control mechanisms, distributing the 
longitudinal loads at 16 attachment points.  Hoop tensile loads are applied separately at 
each frame end.  This ensures that the hoop loads applied to the panel are experienced by 
both the panel skin and the frames, as is the case in a full fuselage barrel under 
pressurization load. 
All forces are generated using water and air as the fluid media.  The command 
signals from the control computer are first converted into air pressure by the electro-
pneumatic valves.  The air pressure is then converted into water pressure by the pressure-
activated dome valves on a one-to-one pressure ratio.  The water pressure from the dome 
valves is then applied to bladder-type actuators to generate the external loads, as 
discussed below. 
3.3.1. Load Application 
The pressure box, shown in Figure 3.10 simulates cabin pressure using air or 
water as a pressure medium.  Because water provides a safer operation, it was selected as 
the pressure medium for loading the panels.  Numerous tests conducted at the FASTER 
facility showed that both media render identical results [3.4, 3.5], Figure 3.11.  In the 
figure, strain results are also verified using the results of a full-scale fuselage 
pressurization test conducted on an aft fuselage section of a narrow-body aircraft by 
Boeing Aircraft Company [3.4].  Elastomeric rubber seals were used to attach the curved 
panels to the pressure box. 
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Figure 3.10.  Exploded view showing the main components of the FASTER test fixture 
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Figure 3.11.  Comparison of test results using water and air as pressurization media with 
results of a full-scale verification test for a midbay strain gage rosette [3.4]. The y-axis in 
in με 
 
The internal load applied to a fuselage panel by the FASTER test fixture is 
balanced by applying tensile loads around the perimeter of the panel in the hoop and 
longitudinal directions.  Hoop loads are applied to the skin and the frames, while 
longitudinal loads are applied on the skin only.  A schematic of the loading mechanism 
for the longitudinal and hoop skin loads is shown in Figure 3.12.  The loading mechanism 
consists of a water actuator, lever arm, fulcrum pivot point, a load cell, and a wiffle tree.  
The lever arm is connected to the water actuator at one end, to the load cell at the other 
end, and it rotates about the fulcrum pivot point.  As the water actuator inflates, the 
bottom of the lever arm is displaced inward and rotates at the fulcrum pivot point.  As a 
result, the top of the lever arm is displaced outward in the hoop direction, for the hoop 
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loaders, and in the longitudinal direction for the longitudinal loaders, applying tensile 
load to the panel.  The load is distributed to the edge of the panel through the two-tier 
coaxial wiffle tree [3.3].  The mechanism ensures that the force of each loader is divided 
equally at the four loading arms. 
 
Fulcrum 
Pivot Point
Lever arm
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Water actuator
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Load cell
 
Figure 3.12.  Loading mechanisms for the longitudinal and hoop load assemblies 
 
Frame loaders apply tensile loads in the hoop direction at the two ends of each of 
the six frames.  The frame loaders (6 on each side of the panel) are located inside the 
pressure box, Figure 3.10.  The frame loading mechanism consists of a water actuator, a 
frame lever arm, a fulcrum pivot, a radial reaction link, and a frame load link, Figure 
3.13.  As the water actuator inflates, the end of the frame lever arm is displaced upward.  
Consequently, the lever arm rotates about the pivot point causing a displacement of the 
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frame load link, thus pulling the frame in the circumferential direction.  The radial 
reaction link is a load cell that measures reactions in the radial direction at the frame end.  
Ideally, the radial reaction at the frame end would zero reading since the frame 
attachment point is displaced only in the hoop direction. 
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Figure 3.13.  Frame loader assembly of the FASTER fixture 
 
To generate internal pressure, the volume of the pressure box is filled with water 
or air.  The FASTER facility has a water supply system that consists of a 1,050-gallon 
tank and a 40-horsepower pump capable of discharging water at a pressure rate of 140 
psi.  A radiator on the water return line acts as a heat exchanger to keep the water 
temperature below 105o Fahrenheit (40.6oC).  The load generated by each of the 
mechanisms is controlled by the amount of inflation of the water actuator of that loading 
mechanism.  The pressure inside the water actuators of the loading mechanisms is 
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regulated by the dome pressure regulators that are connected to the water supply and 
return manifolds.  Water flow through the dome pressure regulators is accurately 
controlled via electro-pneumatic (E/P) valves.  The E/P valves are, in turn, computer 
controlled in a closed-loop feedback configuration. 
The computer control system of the FASTER test fixture uses the HP-Visual 
Engineering Environment (VEE) operating system.  A graphical interface program 
developed using HP-VEE allows the operator to control the amplitude, frequency, and 
shape function of the applied loads.  Data from strain gages, load cells, pressure 
transducers, and E/P valves are displayed on the computer monitors in real time and are 
stored for posttest off-line analysis.  There are 64 channels dedicated to data acquisition 
from strain gages and 40 channels to control the loading mechanisms. 
3.4. NONDESTRUCTIVE CRACK INSPECTION AND MONITORING METHODS 
Nondestructive inspections (NDI) were conducted to monitor and record crack 
formation and growth throughout the fatigue tests.  Two methods of high-magnification 
visual inspections were used in the study; the Remote Control Crack Monitoring (RCCM) 
system and the Underwater Crack Monitoring (UCM) system.  Two conventional NDI 
techniques were used: (i) the external low frequency eddy-current (LFEC) sliding probe 
inspection; and (ii) the internal mid frequency eddy-current (MFEC) inspection.  
Conventional NDI methods are those that are already well-established and widely used in 
the aviation industry.  Four emerging NDI technologies were used, namely: (i) the 
meandering winding magnetometer (MWM); (ii) magneto optic imaging (MOI); (iii) 
Rivet CheckTM; and (iv) the USUT linear array ultrasound system.  The emerging 
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methods are those that are still relatively new, under development, and have not yet found 
extensive use in industry. 
In general, the emerging NDI methods offer improved probability of detection 
(PoD) over the conventional methods.  Most importantly, inspection for cracks in the 
inner skin layer of the lap joint are conducted externally, thereby eliminating the need for 
costly, time consuming, and labor intensive internal inspections, which require 
disassembly of the internal furnishings of the aircraft.  Three of the four emerging NDI 
methods use the eddy-current technique while one utilizes ultrasound (USUT ultrasound 
system).  PoD evaluations for all the inspection methods were performed at the FAA 
Airworthiness Assurance NDI validation Center (FAA-AANC) at Sandia National 
Laboratories [3.7].  The conventional and emerging NDI techniques are discussed below. 
3.4.1. Visual Inspection Methods 
Two systems of high-magnification visual inspection were used in this study, the 
Remote Control Crack Monitoring (RCCM) system and the Underwater Crack 
Monitoring (UCM) system, as shown in Figure 3.14.  The RCCM was used to externally 
monitor fasteners along the lap joint and stringer attachments for cracks throughout the 
tests.  The RCCM is a stand-alone, computer-based video data acquisition system capable 
of monitoring the entire fuselage panel test surface at several levels of magnification, 
with a field of view ranging from 0.05" up to 14" and motion resolution of 1 micron. 
The remotely controlled UCM system is capable of detailed visual inspections on 
the interior surface of the panel test section from within the pressure box.  The system 
consists of an articulated and watertight camera head mounted on two underwater crawler 
tracks.  The camera is capable of 340º mechanical pan range and 270º tilt range, and 
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provides a 72:1 zoom (18X optical and 4X digital) and has a resolution of 460TV lines.  
A custom-made aluminum chassis supports the camera housing and is mounted on a pair 
of motor-controlled crawler track system.  The entire system is rated for 43 psi, and is 
shown alongside the RCCM in Figure 3.14. 
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Figure 3.14.  Visual inspection systems 
 
3.4.2. Conventional Inspection Methods 
Two conventional NDI techniques were used during the tests; the external low 
frequency eddy-current (LFEC) sliding probe inspection and the internal mid frequency 
(MFEC) inspection.  During an eddy-current inspection, the eddy-currents are more 
concentrated at the surface and decrease in intensity with distance below the surface of 
the panel skin.  The depth at which eddy current density has decreased to about 37% of 
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the surface density is called the standard depth of penetration (δ) [3.8].  The standard 
depth of penetration is given by the following equation: 
μσπδ f
1=     (3.1) 
where, δ is the standard depth of penetration (m), f is the test frequency (Hz), μ is 
the magnetic permeability (H/m), and σ is the electrical conductivity (siemens/meter).  
The test frequency used for MFEC was 30 kHz, while 8 kHz was used for LFEC.  From 
Equation 3.1, it can be seen that a decrease in the test frequency results in a larger depth 
of penetration.  A larger depth of penetration is required for the sliding probe since the 
inspection signal has to penetrate through the outer skin layer of the lap joint and the 
doubler before reaching the intended inner skin layer.  For MFEC, however, the 
inspections are conducted from the inside, hence the higher frequency. 
The output signals from both the LFEC and MFEC probes were analyzed and 
displayed by impedance plane instruments.  The signal display from impedance plane 
instruments is different from simple eddy-current instruments.  In a basic eddy-current 
instrument, the change in strength of the eddy-current magnetic field is detected by 
monitoring the eddy-current magnetic field on the probe coil, which is accomplished by 
monitoring the voltage drop across the coil.  Impedance plane instruments, on the other 
hand, electronically separate the voltage change due to pure resistance from that of 
inductive reactance.  A change in the coil field from an outside influence (e.g., a 
discontinuity) changes the coil’s ac resistance (impedance), which is made up of pure 
resistance and inductive reactance.  The separation of pure resistance changes from 
inductive resistance changes into their 90o phase separation and the display of this in a 
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screen provides the ability to separate variables affecting the eddy-currents, and to 
effectively detect flaws (cracks).   
3.4.2.1. Low Frequency Eddy-Current (LFEC) Inspection 
The LFEC sliding probe is a fast and efficient method to inspect a large number 
of fastener holes for cracks.  According to the FAA-AANC, the system has a PoD of 90% 
for a 0.286" third-layer crack [3.7].  The probe is called “sliding” because the inspection 
is performed by sliding the probe along the lap joint, on top of the rivet row.  A frequency 
of 8 kHz was used, hence the name low frequency eddy-current.  In this study, the LFEC 
sliding probe was used to externally inspect for cracking in the third-layer of the lap joint 
according to B727 Nondestructive Testing (NDT) Manual, Part 6, 53-30-27 [3.10].  
Figure 3.15a shows the instrument and its signal responses of rivets from a calibration 
standard (reference standard NDT2018-B) with electrical discharged machined (EDM) 
notches at the rivet locations.  Figure 3125b shows signals from three rivets with no 
cracks and one signal from a fastener with a 0.200″ EDM notch.  The signal responses 
are displayed in an impedance plane where the x-axis represents pure resistance while the 
y-axis represents inductive reactance.  In the presence of a crack, the signal is 
characterized by a wide vertical loop, as shown in the figure. 
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Figure 3.15.  (a) LFEC components, and (b) inspection results showing output signals 
from the calibration standard for three rivets with no damage and a rivet with damage  
 
3.4.2.2. Mid Frequency Eddy-Current (MFEC) Inspection 
The MFEC probe is used for internal inspections of cracks from rivets in the inner 
skin of the lap joint according to B727 NDT Manual, Part 6, 53-30-27 [3.10].  The 
inspection is done at a frequency of 30 kHz.  According to the FAA-AANC, the 
instrument has a 90% PoD for 0.071″ first-layer cracks [3.7].  For this inspection, a pencil 
probe was used to circle around the rivet from the inside of the fuselage.  Figure 3.16(a) 
shows the inspection equipment and its signal responses of rivets from the calibration 
standard (reference standard NDT3019), which has similar construction to the B727 lap 
joint.  The equipment consists of the impedance plane instrument and the pencil probe.  
The impedance plane instrument is interfaced with a laptop computer (not shown) to get 
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screen captures of the impedance plane.  Figure 3.16(b) shows signal from a rivet with no 
cracks while Figure 3.16(c) shows a rivet with a 0.135″ EDM notch.  Typically, as seen 
in the second signal response, the presence of a crack results in a vertical spike in the 
signal as the probe travels over the crack. 
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Figure 3.16.  MFEC components and signal output.  The vertical spike (c) signifies the 
presence of damage, and corresponds to the subsurface EDM notch in the reference 
standard 
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3.4.3. Emerging NDI Methods 
Four emerging NDI methods were used in this study: magneto optic imaging 
(MOI), Rivet CheckTM (self-nulling rotating eddy-current probe system), meandering 
winding magnetometer (MWM), and the USUT ultrasound system.  All four systems are 
designed for external inspections for third-layer cracks in built-up structure, and are 
discussed below. 
3.4.3.1. Magneto Optic Imaging (MOI) 
The MOI is a product of Physical Research Instrumentation (PRI) and is a 
relatively new variation of the eddy-current technology, which is expected to inspect 
large areas at high speed compared with conventional eddy-current methods.    According 
to the FAA-AANC, the instrument has a PoD of 90% for 0.203" third-layer cracks [3.7].  
The MOI uses a combination of an eddy-current induction method to induce magnetic 
fields in defects, and magneto-optics, to form images of the magnetic fields associated 
with the defects [3.11].  The technique uses an induction foil to induce eddy-currents into 
the specimen, and relies on the Faraday magneto-optic effect property of the magnetic 
sensor for imaging the magnetic field associated with the eddy-current around rivets and 
cracks.  These real-time images closely resemble the defects themselves.   
The MOI system was used to conduct inspections on the critical rivet row (row A) 
of the lap splice to detect third-layer cracks in lap joints via B727 NDT Manual, Part 6, 
53-30-27 [3.10].  The main advantage of MOI is rapid inspection and ease of interpreting 
image data in contrast to complex impedance signals of conventional eddy-current 
instruments.  The components of the MOI system, which include an imager, control unit, 
and personal video system are shown in Figure 3.17.  Also shown in the figure are signal 
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responses of fasteners from reference standard NDT1070B.  The first signal is from a 
rivet with no crack while the second from a rivet with a 0.20″ EDM notch on the right 
hand side of the rivet. 
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Figure 3.17.  MOI components and signal output, showing the hardware (a), inspection 
result from a rivet with no damage (b), and inspection results from a rivet with an EDM 
notch (c) 
 
3.4.3.2. Rivet Check  
The Rivet CheckTM (self-nulling rotating eddy-current probe) system, is a product 
of Foerster Instruments Incorporated, and is based on technology licensed from the 
National Aeronautics and Space Administration.  The rivet check has a PoD of 90/95 for 
0.032" first-layer cracks and a PoD of 90% for 0.232" third-layer cracks [3.7].  The 
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system consists of a hand-held probe head interfaced with a data acquisition system 
housed in a laptop computer.  The probe head houses a sensor element and a drive motor 
for its rotation about the rivet along with an angular position sensor and the associated 
electronics. The sensor is the only rotating part in the system. As the sensor rotates 
around a rivet hole, the material surrounding the rivet is inspected for discontinuities 
(e.g., cracks).  Both the rotation radius and the inspection depth are adjusted through 
software to allow use of different probe heads for outer or inner skin layer inspections.  
When the sensor element orbits a rivet hole, the current travels along the region around 
the rivet hole.  The presence of a discontinuity (e.g., crack) in the region around the rivet 
hole causes the eddy-current to alter its path.  The system then measures the magnetic 
field associated with the perturbed current flow. The Rivet CheckTM system is designed to 
filter off deviations due to probe misalignment, rivet tilt or misfit, and lift-off [3.13]. 
The system was used to conduct inspections on the lap joint, butt splice, and 
stringer fasteners via B727 NDT Manual, Part 6, 51-00-00 [3.10].  The components of the 
rivet check system along with signal responses are shown in Figure 3.18.  Also shown in 
the Figure 3.18(a) are signal responses of fasteners from reference standard NDT1071 per 
the NDT Manual.  The angular sense around a fastener is shown in Figure 3.18(b).  The 
voltage in the signal response plot is presented as a function of the angular location 
around the fastener, in degrees.  Figure 3.18(c) shows the signal from a rivet with no 
crack, while the signal from a rivet hole with a 0.040″ EDM notch in the top skin layer is 
shown in Figure 3.18(d).  The signal from the rivet hole with no crack is characterized by 
a signal that is below the threshold line of 15 mV.  In the case of the EDM notch, the 
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voltage signal is seen to exceed the threshold at a location of 90 degrees, corresponding 
to the position of the EDM notch around the rivet.   
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Figure 3.18.  Rivet CheckTM components and signal output showing (a) the hardware, (b) 
angular sense around s rivet, (c) signal at a rivet hole with no damage, (d) Signal from a 
rivet hole with an EDM notch 
 
3.4.3.3. Meandering Winding Magnetometer (MWM) 
The meandering winding magnetometer (MWM) system, manufactured by Jentek 
Sensors, is capable of inspecting cracks by scanning an array of fasteners in a lap joint 
construction.  Validation tests at FAA-AANC showed that the MWM has a 90% PoD for 
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0.162" third layer fatigue cracks [3.7].  The major components of the system, shown in 
Figure 3.19, include a scanning probe, an interface box, and a laptop computer where the 
output is analyzed and displayed.   
In the MWM system, the scanning probe consists of a primary winding element 
that transmits a current and an array of secondary sensing elements that receive the signal 
[3.15].  These arrays provide images of electrical conductivity, magnetic permeability, 
lift-off, and layer thickness, which can be related to parameters such as the presence of 
cracks or material loss from corrosion.  Also shown in Figure 3.19 are the results of 
MWM inspections performed on a calibration standard that consists of three layers of 
2024-T3 aluminum sheets joined by two rows of countersunk rivets.  The rivet holes in 
the sample contain either no damage or inner layer EDM notches ranging from 0.05″ to 
0.15″. 
3.4.3.4. USUT Ultrasound System 
The USUT ultrasound imaging system is a product of USUT Labs.  The systems 
has a PoD of 90% for 0.018" third-layer cracks [3.7], and produces real-time images of 
cracks.  The system consists of a 128-element, 15 MHz, linear array probe used in 
conjunction with a 39° plastic wedge to generate 60o shear waves in the thin aluminum 
skins.  The probe was coupled to the aluminum skin using water.  Figure 3.20 shows the 
major components of the system, which include a scanning probe and computer where 
the output is analyzed and displayed. 
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Figure 3.19.  MWM components and signal output 
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Figure 3.20.  USUT ultrasound system components 
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Illustration of how inspections are performed using this system is shown in Figure 
3.21.  To inspect for cracks at the lower skin of the lap joint at the critical rivet row, the 
probe (pulser/receiver pair) is placed on the lower skin facing the lap joint.  After 
multiple bounces, the wave reaches the area of the rivet, where some energy from either 
the faces of the rivet or the hole are reflected back to the probe and converted into a B-
scan (cross-sectional view) image.  When cracks are present, similar reflections occur 
resulting in crack signals on the computer screen. 
 
Inner (lower) skin
Outer (upper) skin
Probe
Hoop direction
Critical rivet row  
Figure 3.21.  Schematic of USUT ultrasound system inspection of lap joint 
 
Figure 3.22 shows inspection results from a sample lap joint specimen that 
consists of three layers of 2024-T3 aluminum sheets joined by two rows of countersunk 
fasteners.  Figure 3.22 (a) shows a result from a fastener that had no cracks, showing only 
the reflections from the rivet.  The result screen has a 0.05" grid that is used to determine 
the size of the cracks.  The results at a rivet hole having a 0.05" EDM notch in the inner 
skin layer are shown in Figure 3.22 (b).  As seen from the results, the crack signal is 
about the size of the 0.05"grid. 
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Figure 3.22.  Inspection results from the USUT ultrasound system showing results from a 
an undamaged rivet hole (a), and a rivet hole with a 0.05″ EDM notch (b) 
 
3.4.4. Inspection Matrix 
The curved panels were continuously monitored for crack formation during the 
fatigue test using the high-magnification visual inspection via the RCCM and the NDI 
techniques discussed above.  Both the RCCM and UCM were used every 500 fatigue 
cycles to inspect the fasteners in the lap joint for possible crack initiation.  In general, the 
six NDI techniques were used every 2,500 cycles as listed in Table 3.1.  All six NDI 
methods were used to inspect for cracks at the critical rivet row (row A).  In addition, 
Rivet CheckTM was used to inspect the rivets at the upper rivet row (row C) of the lap 
joint for subsurface cracks at the outer skin layer, and at rivets that attach the skin to the 
stringers elsewhere in the panels.  The number of rivets inspected using each method is 
listed in Table 3.1.  In total, 28,236 individual rivet inspections were conducted.  The 
USUT ultrasound system was brought into the test program towards the end of Panel No. 
1 test, and was therefore used only twice in that panel.  It is important to note that in the 
later stages of Panel No. 2, as cracks began to grow, the inspection intervals of the USUT 
ultrasound system were decreased, resulting in the disproportionate total under of 
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inspections compared to the other methods as shown in Table 3.1.  As discussed in the 
preceding sections, the USUT untrasound system has the highest sensitivity (based on 
PoD) of the external inspection methods, and can also readily give crack length 
measurements, which made it the ideal candidate for these inspections.  In addition to the 
NDI, general visual inspections were conducted periodically inside the pressure box 
using the UCM to check the panel substructure and frame loading mechanisms for 
mechanical damage. 
 
Table 3.1.  Nondestructive inspection matrix 
  Panel No. 1 Panel No. 2 
Inspection Total Number  Total Number  NDI Method 
Interval  
Number 
of Rivets of Inspections 
Number 
of Rivets of Inspections 
LFEC 2500 cycles 42 18 45 39 
MFEC 2500 cycles 42 18 45 41 
MOI 2500 cycles 42 18 45 39 
Rivet Check 2500 cycles 275 18 234 37 
MWM 2500 cycles 42 18 45 26 
USUT Ultrasound 2500 cycles 42 2 45 111 
 
3.5. LOAD SPECTRUM 
Four load conditions were used to test the panels, and are summarized in Table 3.2.  
Load Condition A is a type of loading that simulated in-service loads for the Boeing 727 
aircraft.  Load Condition B represents the residual strength loads per 14 CFR 25.571 
3.14] and JAR 25.571 [3.16].  These load conditions are briefly discussed in the next 
section.  Load condition C represents the design limit load condition per 14 CFR 25.365 
[3.16].  The maximum load applied during the test was load condition D.  Panel No. 1 
was subjected to only load condition A, while Panel 2 was subjected to all the four load 
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conditions.  The rest of this section discusses details of the development of FASTER 
actuator loads for these four load conditions. 
 
Table 3.2.  Load conditions and test matrix 
Panel No. 1 Panel No. 2
A In-service Load Condition
1 - 43,500 1 - 120,000
B Required Residual Strength Load Condition per 14 CFR 25.571 [3.14] NA 120,001 -130,000
C Design Limit Load Condition per 14 CFR 25.365 [3.14] NA 130,001 - 135,000
D Maximum Test Load Condition NA 135,001 - 141,771
Fatigue Cycle Range
Load Condition Load Type
 
 
3.5.1. In-Service Load Condition (Load Condition A) 
The methodology used to come up with the test loads for Load Condition A was 
developed by Delta Air Lines, and is discussed in detail in references [3.17] and [3.18].  
An abbreviated form is provided below.  The test spectrum was developed based on two 
requirements: (1) the test spectrum and in-service load spectrum result in equivalent 
crack growth behavior; and (2) the test spectrum is reasonably simple and efficient to use 
in the FASTER facility.  
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3.5.1.5. In-Service Loads 
For the two panels, the fuselage skin stress is due primarily to cabin pressurization 
and fuselage bending.  The cabin pressure differential, ΔP, varies little from flight to 
flight and was determined to be 8.6 psi based on usage history of the aircraft [3.17].  The 
application of ΔP, once per flight, is the primary driver for stresses in the hoop direction.  
Determination of longitudinal stresses is more complex.  Longitudinal stresses not only 
depend on ΔP, but also on the loads causing fuselage bending.  Fuselage bending is a 
function of maneuver, gust, and other varying loads whose frequency of occurrence is 
typically unknown. 
There are no published flight load exceedance data for the DAL B727-232 
airplane used in this study that account for fuselage bending.  However, extensive 
operational and exceedance data has been published for a B727-200 [3.19] and a B737-
400 [3.20].  The transport mission of the DAL B727-232, studied herein, is similar to the 
two airplanes.  Therefore, the published data from these two airplanes was used to derive 
the flight conditions of the DAL B727-232. 
To account for fuselage bending in the test spectrum, the Transport Wing 
Structures (TWIST) spectrum or the truncated version, Mini-TWIST [3.21], was 
considered.  Mini-TWIST is a collection of 4,000 flights, and is based on empirical 
measurements of flight data on several types of transport aircraft.  The Mini-TWIST 
spectrum is more severe than a typical revenue-service airplane usage.  For example, the 
Mini-TWIST spectrum has three excursions at or above 2.5 g’s, corresponding to a limit 
load condition for the B727; an event that is unlikely to occur within the service life.  To 
make the Mini-TWIST spectrum more representative of typical commercial transports, 
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the magnitude of the excursion loads was reduced by 50%.  Figure 3.23 shows the B727-
200, the B-737-400, and the modified Mini-TWIST exceedance data for combined 
maneuver and gust vertical loads.  There was good agreement between the three; 
therefore, the 50% Mini-TWIST spectrum was used in this study. 
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Figure 3.23.  Exceedance data for vertical bending [3.19, 3.20, 3.21] 
 
3.5.1.6. Stress Conversion to Develop Baseline Spectra 
The baseline spectrum for the applied hoop and longitudinal stresses were 
developed for a cabin pressurization of 8.6 psi and fuselage bending using 50% Mini-
TWIST vertical load factors.  Finite element analysis (FEA) was conducted to determine 
the steady-state, once-per-flight, stresses under cruise conditions.  The loads included 
internal pressurization and the weight of the airplane, passengers, and cargo; and all were 
applied on the global model of the fuselage section.  The loads, due to the weight of the 
airplane, were varied using the 50% Mini-TWIST load factors in Figure 3.23.  A 
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relatively coarse mesh was used in the global analysis with the skin modeled using shell 
elements and the substructure with beam elements.  The more refined intermediate model 
of a panel test section had more stringer and frame details, and the boundary conditions 
were taken from the global model.  The intermediate panel model was used to derive the 
baseline hoop and longitudinal stress spectra. 
3.5.1.7. Equivalent Simplified Load Spectra 
A crack growth equivalence analysis was used to derive a simplified, once-per-
flight, constant-amplitude loading for the FASTER test spectrum.  The simplified 
spectrum included the operating pressure differential and vertical loads to account for 
fuselage bending.  Two analyses were conducted:  one in the hoop direction for axial 
cracking and one in the longitudinal direction for circumferential cracking.  A stress-
intensity factor solution for an infinite series of 5/32″ holes with diametrically equal 
cracks under 39% load transfer was used.  A cycle-by-cycle crack growth analysis was 
conducted using the Modified Forman Equation [3.22].  Loads from the simplified 
spectrum were used in a geometrically nonlinear finite element analysis to determine the 
applied actuator loads of the FASTER fixture.  The applied load simulated in-service 
loading conditions, including cabin pressurization and fuselage vertical bending. 
3.5.2. Elevated Load Conditions (Load Conditions B, C and D) 
In order to accelerate fatigue crack growth, the fatigue loads were elevated during 
the course of the test from the simulated in-flight load condition, to Load Conditions B, 
C, and D, Table 3.1.  These load conditions were not just arbitrary; they are based on 
some established and justifiable loading scenarios. 
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• Load condition B:  Corresponds to the regulatory residual strength load conditions 
of 14 CFR 25.571 and JAR 25.571 (1.15ΔP plus 1g flight loads).  The internal 
pressure for this load condition was 10.24 psi (8.9 psi *1.15).  According to 14 
CFR 25.571 (b)(5)(1), the The residual strength loads for pressurized cabins is:  
“The maximum value of normal operating differential pressure (including the 
expected external aerodynamic pressures during 1-g level flight) multiplied by a 
factor of 1.15, ……..” 
• Load condition C:  Corresponds to the design limit loading conditions for the 
pressure compartment requirements defined in 14 CFR 25.365.  The airplane 
structure must be designed to be able to withstand the pressure differential loads 
corresponding to the maximum “relief valve setting” multiplied by a factor of 
1.33 for airplanes to be approved for operation to 45,000 feet omitting other loads.  
The relief valve is a type of valve used to control or limit the pressure, and is used 
to regulate the cabin pressure in relation to the altitude.  The internal pressure for 
this condition was 11.84 psi (8.9 psi *1.33).  In the longitudinal ends of the panel, 
the loads applied simulated a cylindrical loading condition, which would result in 
a skin stress = pr/2t. 
• Load Condition D:  Corresponds to a load condition with a maximum pressure 
increased by 50% to 13.35 psi (8.9 psi *1.5).  To prevent static overload failure, 
Load Condition D is just below the ultimate load requirements per 14 CFR 25.301 
(1.5*design limit loads).  CFR 25.301(a) defines ultimate loads as “limit loads 
multiplied by prescribed factors of safety”.  A factor of safety of 1.5 is standard in 
the aerospace industry.  The internal pressure used in this load condition is thus 
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less than the ultimate pressure (10.2 psi *1.5 = 15.3 psi).  In the longitudinal ends 
of the panel, the loads applied simulated a cylindrical loading condition, which 
would result in a skin stress = pr/2t. 
The FEA predicted magnitudes of the midbay hoop stresses for the four load 
conditions are listed in Table 3.3.  These stresses were determined from finite element 
analysis using the finite element model that is discussed in Chapter 6.  The stresses were 
determined at the outside surface of the skin. 
 
Table 3.3.  Midbay hoop stresses in the skin for the four load conditions 
Load Condition  Midbay Stress (ksi) 
A 14.3 
B 16.3 
C 19.1 
D 21.3 
 
3.6. TEST MATRIX 
The complete test matrix and corresponding applied loads for the baseline and 
fatigue testing are summarized in Table 3.4.  As indicated in the table, the longitudinal 
loads applied to Panel No. 2 during Load Condition A were significantly lower than those 
applied to Panel No. 1.  It should be noted, however, that the two test panels were 
removed from two different locations on the fuselage, hence would experience different 
load distribution under the simulated flight conditions.  These loads were obtained by 
Delta Air Lines through finite element analyses in which the entire fuselage were 
modeled and subjected to in-service flight conditions. 
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For the baseline tests, quasi-static loads were applied in ten increments up to the 
maximum levels of Load Condition A to measure strains and ensure proper introduction 
of loading conditions into the panels, Figure 3.24. 
 
Table 3.4.  Test matrix and applied actuator loads 
Press  (psi) Hoop (lb) Frame (lb) Long (lb)
8.9 9,510 1,530 16,220
8.9 9,510 1,530 0
0 0 0 16,220
Fatigue Test A - In-Service 8.9 9,510 1,530 16,220
8.9 9,520 1,510 8,900
8.9 9,520 1,510 0
A - In-Service 8.9 9,520 1,510 8,900
B - Residual Strenth 10.24 10,910 1,800 8,500
C-Design Limit 11.84 12,661 2,008 6,133
D- Maximum Test 13.35 14,280 2,265 6,915
Panel No. 2
Baseline Test A - In-Service
Fatigue Test
A - In-ServiceBaseline TestPanel No. 1
Panel Maximum LoadTest Condition Load Condition
 
 
Time
Load
Max. pressure = 8.9 psi
1
2
3
5
4
7
6
8
9
10
 
Figure 3.24.  Schematic of quasi-static loading profile.  The ramp time from one load step 
to the next was thirty seconds 
 
  
75
For the fatigue test, the constant-amplitude test spectrum loading was applied at a 
frequency of 2 cycles per minute with an R-ratio (minimum to maximum load) of 0.1.  
The general spectrum included 75% underload marker cycles to aid in the fractographic 
study of the fracture surfaces and the reconstruction of the crack history after the fatigue 
test.  Schematic of the marker band spectra used in the fatigue tests during the four 
loading conditions are shown in Figure 3.25.  For Load Condition A, B, and C, the load 
spectra consists of three baseline blocks of 1000 maximum-load cycles separated by 
marker cycles.  The first maximum-load block is followed by six iterations of 100 
underload marker cycles separated by five iterations of ten maximum-load cycles.  The 
second block was followed by four iterations of 100 underload marker cycles separated 
by three iterations of 100 underload marker cycles, and the third block was followed by 
ten iterations of 100 underload marker cycles separated by nine iterations of 100 
underload marker cycles.  Similar load spectrum was used in a previous FAA curved 
panel study [3.5] and was found effective in marking fracture surfaces in 2024-T3 
aluminum.  During Load Condition D, the spectrum was modified to reduce the number 
of marker-band cycles in an effort to expedite fatigue crack growth. The number of 
cycles in the maximum load blocks was increased, while the size of the marker bands was 
reduced, as shown in Figure 3.25. 
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Figure 3.25.  Constant-amplitude test spectra used during the test, with underload marker 
cycles 
 
3.7. PANEL NO. 2 DAMAGE SCENARIO  
Artificial damage was introduced into Panel No. 2 at the end of the fatigue-testing 
phase that utilized Load Condition A.  The three frame bays in the test section of the 
panel, shown in Figure 3.26, were considered to be three independent test specimens.  
Bay 1 was left as is, with no damage, while artificial damage was introduced at select 
rivets in the critical (lower) rivet row of bays 2 and 3 as follows: 
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• Bay 2:  The seven middle rivets (A5 – A11) were replaced with snug tight fasteners 
(Hi-loks) torqued to 6 ft-lbs to simulate under-driven rivets.  This was motivated by 
the damage found along joint S-4R, on the right hand side of the airplane, from 
cracks in the lap joint with apparent under-driven rivets. 
• Bay 3:  The seven middle seven rivets (A35 – A41) were replaced with loose-fit 
fasteners.  Additionally, artificial cracks were introduced at three alternating rivet 
holes (A36, A38, and A40) in the middle of the bay using a 0.006″ thick circular 
jeweler’s blade on a dremel. 
 
Bay 1 Bay 3Bay 2
FS 500 FS 520 FS 540 FS 560
up
aft
A1 A15 A16 A30 A31 A45
C
B
A
Row
 
Figure 3.26.  Damage scenario in the lap joint of Panel No. 2 
 
The sizes of the notches are given in Figure 3.27.  The notches were made only to 
the inner skin layer of the lap joint such that they are visible from the inside but not 
externally.  A schematic of the initial crack starter notch geometry is shown in Figure 
3.27(a).  Figure 3.27(b) shows the crack length designation after natural crack extension. 
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Crack 
length
Rivet hole Crack 
length
Rivet hole
Artificial notch Crack extension
(a)  Crack starter notches (b)  Fatigue crack from starter notch
up
aft
Crack Name Crack Length
A36 FWD 0.134
A36 AFT 0.134
A38 FWD 0.136
A38 AFT 0.134
A40 FWD 0.110
A40 AFT 0.138
Dremel Wheel
CL
CL
Outer skin
Inner skin
Outer skin
Inner skin
 
 
Figure 3.27.  Example of crack length measurements 
 
Photographs of the three notched fastener holes in Bay 3 are shown in Figure 
3.28.  The figure shows photos of the three notched fastener holes with and without the 
Hi-locks installed and the corresponding NDI results using the USUT ultrasound system.  
The size of the grid shown in the pictures is 0.05″.  The crack length measurements for 
the six artificial notches were also determined from the USUT ultrasound system scans. 
The crack length measurements using the ultrasound system and the underwater camera 
are listed in Table 3.3.  The cracks measurements from the two systems show decent 
agreement, considering that the crack tips were not very well-defined.  A comparison of 
the crack length measurements using the two systems is provided in Chapter 5, where 
crack growth data from these three rivet holes (A36, A38, and A40) is used. 
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Figure 3.28.  Artificial cracks at critical rivet row of Panel No. 2 
 
 
Table 3.5.  Comparison of crack length measurements for the artificial notches 
using the USUT ultrasound system and the underwater camera system 
 Crack Length (in) 
Crack 
USUT Ultrasound 
System 
Underwater Camera 
System 
A36 fwd 0.117 0.134 
A36 aft 0.109 0.134 
A38 fwd 0.114 0.136 
A38 aft 0.127 0.134 
A40 fwd 0.130 0.110 
A40 aft 0.172 0.138 
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3.8. POSTTEST EXAMINATIONS 
After the tests were completed, the panels were removed from the FASTER test 
fixture and nondestructive inspections were performed throughout the test section, with 
particular emphasis on the lap joint.  Comprehensive fractographic examinations of the 
rivets in the panel test sections were then undertaken to reconstruct growth history and to 
determine the final state of damage and the quality of the lap joint installation. 
Sections of the lap joint in the test sections were removed following the procedure 
described by Ramakrishnan and Jury [3.1].  They were removed using a circular metal 
cutting saw.  It was ensured that the saw cuts were made about 1″ above and 1″ below the 
3 rows of the lap joint fasteners.  The rivet labels were vibro-etched on the free surfaces 
of the inner and outer skins, with an ‘UP’ and‘AFT’, indicating the direction of the 
aircraft's crown. In the case where there was a long lead crack, the rivets along the lower 
rivet row of the lap joint were largely free as a result of fatigue cracks. Precision saw cuts 
were then made using a vertical band saw in order to prepare specimens that contained 
crack surfaces.  In the cases where there was no lead crack, coupons of 1″ width with 
centers at each lower row rivet hole were marked up.  The tops of the coupons were 
marked up at about 0.5″ from the hole center.  Fastener tail diameters, as installed, in the 
hoop and longitudinal directions were measured using a calibrated dial caliper, to be used 
for study of rivet installation.  
Stereomicroscope photographs between 10X to 15X magnification of the 
fasteners' tails were taken in the three positions: Normal, from above at about 400; and 
from below at about 400.  The photographs were taken using the Leica MZ6 
Stereomicroscope, Figure 3.29.  The Leica MZ6 can inspect unprepared samples virtually 
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at any axes and angles, with a good 3D effect.  The stereomicroscope is interfaced with a 
computer for image analysis and digital archiving of images.  In taking the photographs, 
attention was paid to the free surface of the inner skin adjacent to the rivet tail, for the 
presence of cracks.  Any through-the-thickness crack in the inner skin would be visible 
from this surface.  
 
 
Figure 3.29.  Leica MZ6 stereomicroscope 
 
To expose the fracture surfaces for subsequent fractographic examinations under 
the scanning electron microscope, a dremel hand tool was used to cut slots (0.035" wide) 
through the inner and outer skin stack-up of the coupon.  Vee cuts were made in the 
coupons' upper quadrant, as illustrated in Figure 3.30(a), and the rivet released by 
pushing it out through the opening created.  With this approach, the rivets remained 
relatively intact when they were removed, which enabled measurement of the rivet's 
bucked tail diameter and height.  A schematic of a driven rivet, defining the bucked tail 
diameter and height is shown in Figure 3.31.  These measurements were compared with 
the manufacturer’s specifications to determine whether the rivets were driven to 
  
82
specifications.  The skin around the hole in the lower 2400 sector also remained 
undamaged, which was important for the measurement of crack positions around the 
holes.  The lower 2400 sectors of the coupons were then soaked in Citrus Burst™ (d-
Limonene/Ester) for about 3 days to soften the faying surface sealant between the inner 
skin and the doubler.  The two layers were then separated by inserting a knife along the 
joint line.  The faying surfaces were then cleaned with additional solvent (Citrus Burst™) 
and examined for cracks and other defects such as fretting under the stereomicroscope. 
Saw cut line
Crack Saw cut
(a) 1-inch square coupon around rivet (b) Faying Surface of Inner Skin
Outer skin
Inner skin
Remaining ligament
 
Figure 3.30.  Schematic of specimen preparation for fractography 
 
Bucked tail
Countersunk head
Bucked tail diameter
Bucked tail height
 
Figure 3.31.  Schematic of a driven rivet, showing the countersunk head and the 
bucked tail 
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The crack surfaces were then exposed to facilitate crack length measurements and 
fractographic analysis under a scanning electron microscope (SEM).  To expose the 
cracks, a slit was first made using a dremel wheel in the inner skin up to about 0.05″ from 
the crack tip, Figure 3.30 (b).  The sample was then cooled in liquid nitrogen, after which 
the ligament between the crack and the slot was broken open by applying tension and a 
moment about the crack face.  The cracks were then viewed under both the 
stereomicroscope and the SEM.  The crack surfaces were first cleaned with acetone for 
about two minutes in an ultrasonic cleaner. This was followed by cleaning in M-Prep 
Conditioner A, a water-based acidic cleaner made by Vishay Micro-Measurements.  The 
specimens were then ultrasonically cleaned for about two minutes in M-Prep Neutralizer 
A, a water-based alkaline cleaner to prevent chemical etching of the fracture surfaces.  As 
a final step, the specimens were cleaned in distilled water.  
The majority of the fracture surfaces were found to be covered up with some 
foreign substance, which covered up the marker bands, even after using the cleaning 
procedure described above, which had been used successfully by Ahmed et al. [3.5] to 
clean fracture surfaces in Al 20243-T3 alloy lap joint specimens.  The cleaning procedure 
of Ramakrishnan [3.1] was also used without success.  The first step in this method 
employs acetone, followed by a dilute solution of Turco Liquid Smut GoTM.  Turco 
Liquid Smut GoTM is a deoxidizer and de-smutter, and its active ingredients are nitric and 
hydrofluoric acid.  The sample was cleaned for three minutes in the solution that was one 
part Smut GoTM and six parts water by volume, with no success.  
In an effort to identify the elemental composition of the foreign substances on the 
fracture surfaces, energy dispersive x-ray (EDAX) analyses were conducted using a 
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Phillips XL 30 SEM.  Al 2024, which is the aluminum alloy used to make the fuselage 
skin is primarily an Al-Cu-Mg alloy.  The chemical composition limits of Al 2024 are 
given in Table 3.6 and were obtained from reference [3.24].  The EDAX was conducted 
on one of the fracture surfaces of A24 and A40, at magnifications between 500X to 
1000X. Table 3.7 shows sample EDAX composition results of the dominant four 
elements taken at four different locations on the fracture surface of A24.  As shown in the 
table, the element with the highest percentage by weight at all four locations was 
aluminum, followed by oxygen.  This finding reinforced the suspicion that the substance 
covering up the fracture surfaces was corrosion (aluminum oxide).  In recognizing the 
oxide nature of the deposits, a more concentrated solution of Turco Liquid Smut GoTM 
deoxidizer was used to clean the fracture surfaces of rivet A22. Although this approach 
removed the corrosion deposits, the corrosion had left deep pits all over the surface.  
Neither striations nor marker bands were visible on either of the two cracks in this 
sample.  Wanhill and Schra [3.25] tested crack growth specimens of 2024-T3 and 7475-
T761 aluminum alloys in sump water, and also found “substantial buildup of corrosion 
deposits on the fracture surfaces.” 
Table 3.6.  Elemental composition of Al 2024 alloy [3.24] 
Composition Limits  Element  
(% wt.) 
Silicon 0.5 
Iron 0.5 
Copper 38-4.9 
Manganese 0.30-0.9 
Magnesium 1.2-1.8 
Chromium 0.1 
Zinc 0.25 
Titanium 0.15 
Others 0.15 
Aluminum Balance 
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Table 3.7.  EDAX results for fracture surface of A24 
Percent Weight Element 
Location 1 Location 2 Location 3 Location 4 
Oxygen 18.1 22.0 19.1 15.7 
Magnesium 1.5 1.6 1.5 1.6 
Aluminum 74.0 72.8 73.5 78.1 
Cupper 4.0 3.6 3.6 3.5 
 
A Philips XL30 field emission environmental scanning electron microscope 
(FEESEM) was used to examine the fracture surfaces at selected rivet holes.  The XL30, 
shown in Figure 3.32, is a computer driven, high vacuum (10-7 Torr) microscope with a 
spatial resolution of about 1.75 nm.  The imaging modes include backscarttered electron 
imaging and secondary electron imaging.  Secondary electron imaging was used for 
fracture surface examination owing to its high topographical contrast. 
 
Figure 3.32.  Phillips XL30 environmental scanning electron microscope 
 
To map marker band locations, the procedure described by Willard [3.26] was 
followed.  Using a local Cartesian x-y coordinate system, an origin was chosen at a 
reference point that could easily be identified.  Where marker bands were present, points 
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along each marker band were recorded relative to the origin to characterize its location 
and shape.  The points were then plotted in a two-dimensional space, and used to 
determine the subsurface crack sizes, shapes, and crack growth rates. 
To study the joint quality and to qualitatively evaluate differences in rivet 
installation quality between the lap joint on the right hand side (4R) and the left hand side 
(4L) of the airplane, selected coupons with the critical row of rivets still installed were 
inspected, as illustrated by the schematic of Figure 3.33 .  The coupons were sectioned, 
mounted, polished and etched for high magnification examination.  Grinding and 
polishing were carried out using a Buehler PowerPro 4000 variable speed grider/polisher.  
Polishing was done in five minute increments at 150 rpm using a polycrystalline diamond 
suspension solution.  The final particle size of the polishing solution was 1 micron. 
Outer skin
Inner skin
Rivet
 
Figure 3.33.  Schematic of a cross-section of an as-installed rivet, inspected to determine 
the joint quality 
 
After the samples were etched, an Olympus PMG-3 optical microscope was used 
to examine the surfaces.  The PMG-3, Figure 3.34, has a Polaroid 35 mm camera and 
allows digital archiving of the micrographs.  The optical microscope is interfaced with a 
computer for image analysis and digital archiving of images. 
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Figure 3.34.  Olympus PMG-3 optical metallograph 
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CHAPTER 4: EXPERIMENTAL RESULTS 
 
4.1. INTRODUCTION 
Before the tests, the panels were subjected to NDI while still in the aircraft, after 
removal from the aircraft at Delta Air Lines, and upon arrival at the FASTER facility.  
No cracks or damage were detected in the skin of the panel test sections due to prior 
aircraft in-service usage.  To ensure that there was proper load introduction into the 
panels by the test fixture, baseline strain surveys were conducted before the panels were 
subjected to fatigue loading.  For each strain survey test, quasi-static loadings were 
applied to the panel in ten increments up to the maximum loads.  Each panel was 
instrumented with over 100 strain gages, but only 64 gages were connected to the data 
acquisition system at a time due to a limited number of data acquisition channels.  
Baseline inspections using high-magnification optical systems and both conventional and 
emerging NDI methods were also conducted..  Following the strain surveys, the panels 
were subjected to fatigue loading. 
During the Fatigue testing of Panel No.1, crack formation was monitored in real-
time using high-magnification visual inspection and NDI.  No cracks were detected in the 
skin of panel test section after 43,500 simulated flight cycles.  Cracking in the attachment 
points of the panel outside the test section resulted in termination of the test. 
Fatigue testing of Panel No. 2 was conducted under simulated in-service 
conditions for 120,000 cycles, and no cracks were detected in the skin of the panel test 
section.  Artificial damage was then introduced into the panel at selected rivets in the 
inner skin at the critical rivet row, accompanied with an increase in loads.  Visual crack 
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growth from the artificial notches was first seen after 133,000 cycles.  The resulting lead 
crack grew along the lower rivet row, eventually forming an 11.8″ long unstable crack 
after 141,771 load cycles, at which point the test was terminated.  This chapter describes 
the results at every stage of the test for both panels. 
4.2. STRAIN SURVEY 
During the strain surveys, loads were applied quasi-statically to ensure proper 
load transfer from the fixture to the test panel.  The panels were subjected to the applied 
loadings listed in Table 4.1, which are representative of in-service flight loads.  Strains 
were measured and recorded at all strain gages, and the strain distributions were studied 
to ensure that the loads are applied appropriately to the panels.  
 
Table 4.1.  Applied test loads during strain survey tests 
Maximum Loads Test 
Panel Pressure (psi) Hoop (lb) Frame (lb) Long. (lb) 
Panel 1 8.9 9510 1530 16220 
Panel 2 8.9 9520 1510 8900 
 
At the beginning of the tests, the strain gages were zeroed before the pins that 
attached the panels to the test fixture in the hoop and longitudinal edges were installed.  
This approach gives an idea of the preload introduced into the panel by the load 
application mechanisms.  After the strain surveys were conducted, strain gage data were 
reduced to remove the strain offset due to preloading.  This ensures that in the evaluation 
of the strain distributions, only strains caused by loading, not the effects of the loading 
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mechanisms, are looked at.  In the strain gage data reduction, the first two data points 
were removed to minimize the effects of preloading and free play.  For strain gages in the 
skin midbay location, data reduction sometimes required the removal of an additional 
point for a total of three points.  The remaining data points were then curve-fitted to a 
second order polynomial: 
CBxAx ++= 2ε  (4.1) 
where ε is the dependent strain variable, x the independent load increment variable, 
and A, B, and C are fitting constants.  Figure 4.1 shows an example of raw and reduced 
data for a selected strain gage in Panel No 2; notice the vertical shift of the strain data to 
eliminate preloading effects.  Strain distribution was examined to verify proper load 
introduction into the test panels, and the strain survey tests were conducted several times 
to determine repeatability of the test results.  
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Figure 4.1.  Example of raw and reduced strain gage data for strain gage S100 at a 
midbay Location in Panel 2 
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4.2.1. Verification of Proper Load Introduction 
The primary objective of the strain surveys was to ensure that loads were 
introduced properly into the panels by the test fixture.  This was accomplished by 
collecting the experimental strain gage measurements and evaluating them for uniformity 
and repeatability.  The measured strains were also critical in the understanding of load 
transfer at complex structural details like the panel lap joint. 
To investigate uniform application of the loads, the values of strains in the panels 
were evaluated at different locations within the test section.  This was accomplished by 
comparing strain measurements from strain gages at structurally similar locations.  
Figures 4.2 and 4.3 show hoop strain measurements from two midbay gages in Panel 
No.1 and Panel No. 2 respectively.  The locations of the strain gages in the panels are 
also shown in the figures.  It can be seen from both figures that the results from the two 
stain gages are essentially identical for each of the two panels.  These results are 
representative of all other strain data recorded, showing that strains at structurally similar 
locations were the same.  The data are shown in Appendix A. 
The strain survey tests were conducted more than once for each panel to ensure 
that the strain measurements were repeatable.  In both Figure 4.2 and Figure 4.3, the 
strain measurements from two test runs are shown.  The applied loads and all other test 
parameters were kept the same during both test runs.  The repeatability of the strain 
measurements is evident in both figures, with only very slight variations.   
 
 
 
  
92
 
Applied Pressure (psi)
0 2 4 6 8 10
H
oo
p 
St
ra
in
 (μ
ε)
0
200
400
600
800
1000
S90 (Run 1)
S90 (Run 2)
S91 (Run 1)
S91 (Run 2)
 Max. Load  
Pressure 8.9 psi 
Hoop Load 9510 lb 
Frame Load 1530 lb 
Long. Load 16220 lb 
 
S90 S91
 
Figure 4.2.  Hoop strain measurements at two midbay locations in Panel No. 1 
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Figure 4.3.  Hoop strain measurements at two midbay locations in Panel No. 2 
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Repeatability of the strain measurements was also observed in the panel 
substructure as shown in Figure 4.4 and Figure 4.5.  The figures show results from frame-
mounted strain gages just below the lap joint for Panel No. 1 and Panel No. 2 
respectively.  In both figures, the gages in the outboard caps of the frames (closer to the 
skin), are in tension while the gages in the inner caps are in compression, indicating 
significant bending in the frames.  Although the frame loads for the two panels are almost 
similar (1,530 lbs for Panel No. 1 and 1,510 lbs for Panel No. 2), the bending was greater 
for Panel No 1 than for Panel No 2. 
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Figure 4.4. Hoop strain in the inner and outer caps of a frame in Panel No 1, showing 
tension in the outboard cap and compression in the inboard cap 
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Figure 4.5. Hoop strain in the inner and outer caps of a frame in Panel No 2, showing 
tension in the outboard cap and compression in the inboard cap 
 
4.2.2. Variation of Strain Across a Bay 
Strain gages were also installed such that the distribution of hoop strain across the 
frame bays could be determined.  The strain gages were located at the outer surface of the 
lower skin, 1.0″ below the edge of the lap joint for both test panels.  As shown in the 
Figure 4.6, for both panels, there is a symmetric strain distribution about the mid-bay 
gage, S28, which has the highest value of measured hoop strain.  Similar trends in strain 
gage data were obtained at the other frame bays in the panel.  The hoop strain 
measurements for Panel No. 2, as shown in the figure, were higher that those for Panel 
No. 1.  Although the applied pressure, hoop, and frame loads for the two panels are 
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comparable, the longitudinal loads for Panel No. 2 were significantly lower than those for 
Panel No. 1.  The hoop strain measurements for Panel No. 2 are thus higher as a result of 
Poisson’s effect.  Also noteworthy is the high strain gradient near the frames of in Panel 
No. 2, which is significantly greater than in Panel No. 1.  It was expected that the skin 
strains at the frame location would be lower due to higher stiffness.  However, the 
relative strain gradients for the two panels were not expected to differ that much.  The 
explanation for the difference in the strain gradients probably lies with the apparent frame 
bending that was discussed in Section 4.2.1.  In Panel No. 1, the bending was found to be 
higher than for Panel No. 2.  Since the outboard caps of the frames (closer to the skin) are 
under tension, the skin is also expected to experience that tension, resulting in relatively 
higher skin strains at the frame location for Panel No. 1, hence the smaller strain gradient.  
4.2.3. Strains Measurements at the Lap Joint 
Several strain gages were installed in a back-to back configuration to measure the 
bending effect in the skin.  Figure 4.7 shows the skin hoop strains from a set of back-to-
back gages, located 1.0" below the lap joint, midway between frames, at FS 650, and near 
the critical rivet row (row A) of Panel No. 1.  Strain gage S28 was installed on the outer 
surface while S31B was installed on the inner surface.  The results show that the strains 
on both the outer and inner surface are identical, indicating that immediately below the 
lap joint the panel skin is primarily under in-plane loading with no bending. 
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Figure 4.6.  Variation of hoop strain across a frame bay at strain gages located 1-inch 
below the lap joint 
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Figure 4.7.  Strain measurements at the lap joint of Panel No.1, showing no bending 
effect below the lap joint and significant bending effect at the lap joint 
 
On the other hand, the strain results in the lap joint area at the same location (FS 
650) midway between frames and near the lower rivet row A), which is the critical rivet 
row, indicate significant bending.  Strain gage S49B was located on the inside surface of 
the inner skin while S48 was on the outside surface of the outer skin between rivet rows 
A and B, Figure 4.7.  As seen in the figure, the strain results indicate that the inner 
surface of the lower skin was under tension while the outer surface of the outer skin was 
under compression, indicating significant local bending.  This bending effect should not 
be misinterpreted to quantify bending in the inner or outer skins since the two stain gages 
are installed on different skin layers.  Also must also be noted that the two strain gages 
were not, strictly speaking, in a in a back-to-back configuration but rather offset 0.45″.  
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Similar trends in the strain measurements were observed during the strain survey of Panel 
No. 2 as shown in Figure 4.8, comparing the strains measured by strain gages S56 and 
S57B. 
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Figure 4.8.  Strain measurements at the lap joint of Panel No.2, showing no bending 
effect below the lap joint and significant bending effect at the lap joint 
 
The rest of the strain gage data for both panels are presented in Appendix A.  In 
the appendix, the locations of the strain gages on the panels are provided first, followed 
by strain gage data.  The data are provided in tabular format corresponding to ten load 
steps from zero to the maximum applied load.  
4.3. FATIGUE TESTS 
Following the strain survey tests and validation of the applied loads, the panels were 
subjected to cyclic fatigue loads.  For the fatigue tests, the constant-amplitude test 
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spectrum loading was applied at a frequency of 2 cycles per minute with an R-ratio 
(minimum to maximum load) of 0.1.  The load spectrum included 75% underload marker 
cycles to aid in the fractographic study of the fracture surfaces and the reconstruction of 
the crack history after the fatigue test, as explained in detail in Chapter 3, section 3.6. 
During the fatigue tests, the panels were continuously monitored for crack formation 
using the high-magnification visual inspection methods and NDI.  There were 332 
fasteners in the test section of Panel No. 1:  126 along the three rows of the in the lap 
joint, 62 along the four rivet rows of the butt joint, and 144 attaching the other three non 
lap joint stringers to the skin.  The test section of Panel No. 2 had the same number of 
stringer-skin attachment rivets as Panel No. 1, there was no butt joint rivets, and 135 lap 
joint rivets. 
4.3.1. Fatigue Test Results for Panel No. 1 
Panel No. 1 was subjected to simulated in-service loading conditions for 43,500 cycles, 
which brought the total life of the panel to 102,997 cycles, including its service history of 
59,497 cycles.  The loads applied to the panel were the same as those used during the 
strain survey test.  During fatigue testing, crack formation was monitored using high-
magnification visual inspections and conventional and emerging NDI.  No cracks were 
detected in the skin test section after 43,500 simulated flight cycles.  Figure 4.9 shows 
representative inspection results for a selected lap joint rivet using high-magnification 
optical observations and conventional NDI.  The optical observations show no damage.  
Comparing the NDI results to the baseline data shown in Figures 3.11 and 3.12 indicated 
than no cracks were detected. 
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Figure 4.9.  Representative NDI results for rivet A21 showing no crack indications 
 
In order to monitor strain distribution during fatigue loading, strain surveys were 
also conducted during the fatigue test between the minimum load and the maximum load 
as illustrated in Figure 4.10.  In general, the measured strains remained the same 
throughout the entire fatigue test.  As shown in the figure, strains at several locations did 
not vary as a function of fatigue cycles illustrating that there was no global damage 
formation or load redistribution during the fatigue test.  The slight differences in the 
strain values at a given gage shown in the figure may be attributed to scatter.  The hoop 
strains at strain gages S28 and S34 are similar since the strain gages are at structurally 
similar locations.  Similarly S90 and S91 have identical strains since both are located at 
midbay locations.  The strains at S28 and S34 are less than those of S90 and S91 since 
S28 and S34 are close to the lap joint, and hence are affected by the higher stiffness of 
the joint, lowering the strains. 
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Figure 4.10.  Strains measured during Panel No. 1 fatigue test, showing that strains 
remained almost the same throughout the test 
 
Cracks developed at the stringer clips that connect the stringers to the frames and 
were first observed after 7,500 cycles.  Most of the stringer clips had at least two cracks, 
typically located in the relief radius at the outboard end of the stringer clip, and oriented 
in the inboard-outboard direction plane.  In general, stringer clip crack growth was slow, 
and the cracks had no effect on the load distribution in the panel skin.  Stringer clip 
cracking during the fatigue test and the associated analysis are discussed in detail in 
Chapter 6. 
Sometime before the 30,000 cycle scheduled inspection, cracks developed in the 
longitudinal reinforcement areas of Panel No. 1 and were observed during the inspection.  
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The cracks were mostly oriented in the hoop direction.  Figure 4.11 (a) shows a picture of 
some of the cracks, which were visible only from the inside of the panel.  From the 
exterior, the cracks were covered by the doubler that was used to reinforce the panel at 
load attachment area.  Because of limited accessibility, the cracks could not be repaired 
from inside the panel.  Rectangular 0.050 inch-thick Al 2024 doublers were riveted to the 
exterior surface of the panel directly above the cracked areas as shown in Figure 4.11 (b) 
to further stiffen the area and reduce the crack growth rates.  However more cracks 
developed in other areas of this region as shown in Figure 4.11 (c), and eventually 
became so extensive that the fatigue test was terminated after 43,500 fatigue cycles. 
4.3.2. Fatigue Test Results for Panel No. 2 
Panel No. 2 was subjected to simulated in-service conditions for 120,000 cycles, 
which brought the total life of the panel to 179,497 cycles (3 design service goals) 
including the 59,497 cycles service history.  Similar to Panel No. 1 fatigue test, crack 
formation was monitored using high-magnification optical inspections and conventional 
and emerging NDI and strain monitoring during the fatigue test.  To ensure that cracks 
growth in the lap joint occurred before the panel failed at the load attachments, artificial 
cracks (in the form of crack starter notches) were introduced at selected rivet holes in the 
critical rivet row A of the lap joint after 120,000 fatigue cycles (see Chapter 3.7).  The 
load condition was also changed to condition B (10.24 psi), as listed in Tables 3.1, 3.2, 
and 4.2. 
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Figure 4.11.  Cracking in the longitudinal reinforcement area of panel 1 after 43,500 
cycles 
 
Visual crack growth was not observed at the scheduled 10,000 cycles inspection 
under load condition B, and the load condition was then changed to load condition C 
(11.84 psi). This resulted in visual crack growth from the artificial cracks at rivets A40 
and A38, Figure 4.12.  The panel was subjected to 5,000 fatigue cycles under load 
condition C.  The rate of growth of the cracks during the 5,000 cycles of load condition C 
was very slow. To expedite crack growth, the applied loads were then increased by 
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changing to load condition D (13.35 psi), Table 3.2, giving rise to rapid crack growth 
rate. The fatigue loading was terminated after 6,771 (141,771 total) fatigue cycles due to 
unstable crack growth in bay 3.  The crack growth data are provided in Appendix B.  
Table 4.2 lists the four loading conditions and the associated fatigue cycle intervals.. 
 
Table 4.2.  Load conditions used during Panel No. 2 fatigue test 
 
Load Condition Load Type Fatigue Cycle Interval Pressure
A In-service loads 0-120,000 Cycles 8.9 psi
B Residual Strength Loads* 120,001-130,000 Cycles 10.24 psi
C Design Limit Loads** 130,001-135,000 Cycles 11.84 psi
D Maximum Test Loads 135,001-141,771 Cycles 13.35 psi
 
*   Per 14 CFR 25.571 
** Per 14 CFR 25.365 
 
4.3.2.1. Nondestructive Inspections 
During the fatigue test phase of load condition A, no cracks were detected in the 
skin test section after up to 120,000 simulated flight cycles in Panel No. 2.  During this 
test phase, high-magnification visual methods, conventional, and emerging NDI were 
continuously used to inspect all the 279 rivets is the test section for cracks. 
After the transition from load condition A to load condition B, the primary NDI 
method used was the USUT ultrasound system, which was the most sensitive of all the 
methods since it has the highest probability of detection as discussed in Chapter 3, 
section 3.4.  The other NDI methods were used only upon detection of cracks by the 
USUT, and at the end of the different load condition phases.  During load condition B, 
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the panel test was monitored continuously for crack initiation and crack growth at the 
artificial notches.  After 10,000 cycles under load condition B, there were no NDI crack 
indications in the lap joint test section, and no detectable crack growth at the six 
artificially induced notches. 
During load condition C test phase, inspections were also carried out regularly 
during the test using the with the USUT ultrasound system as the primary inspection 
method.  Cracks growth was observed by the increase in the length of the crack 
indications at rivets A38 and A40.  An example of such crack growth is shown in Figure 
4.12, where the lengths of the cracks on both sides of rivets A36, A38, and A40 are seen 
to have increased at the end of the test phase.  The indication on the left had side of the 
fastener is from the crack that is on the fwd side of the fastener while the one to the right 
is from the crack on the aft side.  By the end of this test phase, the cracks at rivet A40 
were also visual. However, the cracks the crack extensions were not evident in the UCM 
system visual inspection pictures in Figure 4.12 since it they were still very minimal. 
During the load condition D test phase, the crack lengths of the cracks at rivets 
A36, A38, and A40 increased substantially.  Figure 4.13 shows visual (UCM) and USUT 
ultrasound system results of rivets A36, A38, and A40 at the beginning (which is the 
same as at the end of load condition C, Figure 4.10) and at the end of load condition D.  
From both the visual and USUT pictures, the crack growth during this load condition was 
evident.  By the end of the test phase, the cracks on both sides of the rivet had grown past 
the field of view of the inspection instruments. 
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Figure 4.12.  NDI results showing crack growth at rivets A36, A38, and A40 during Load 
Condition C 
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Figure 4.13.  NDI results showing crack growth at A40 during Load Condition D 
 
The detection of cracks in the lap joint with NDI was not only limited to the three 
rivets that had artificial damage (A36, A38, and A40) in bay 3.  At the end of fatigue 
testing, 30% of row A rivets that had no visual cracks had NDI crack indications.  Each 
of the three bays in the test section had several rivet holes with NDI indications.  Figure 
4.12 shows NDI results obtained for rivet A24, located in the critical rivet row, towards 
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the middle of bay 1, Figure 4.14.  The first row of results shows no crack indications after 
load condition A.  The second row shows NDI results after 5,000 cycles of load condition 
D (140,000 cycles).  At this inspection, crack indications were seen with the MFEC, 
evidenced by the two vertical up-ticks in the scan.  These represent two cracks, one on 
each side of the rivet (forward and aft).  The tiny red dots in the MWM image are 
indication of subsurface fatigue cracks.  The USUT ultrasound system picked up the 
presence of the cracks.  The last two rows show results twenty one cycles before the end 
of the test (141,771 cycles) and after the test respectively. As with the case at 140,000 
cycles, the USUT, MFEC, and MWM detected cracking at this rivet hole.  The low LFEC 
and MOI did not reveal the presence of cracks at this rivet hole even at the end of the test.  
It is worth noting that the LFEC and MOI have a (probability of detection) PoD of 90/95 
of 0.25″ close and 0.2″ respectively as discussed in Chapter 3, section 3.4.  These PoDs 
are the highest of the five inspection methods.  From the inspection result of the USUT 
result at the end of the test, it is seen that the cracks on both sides of the rivet hole are less 
tan 0.02″ (grid is 0.05″); hence it is not surprising that the LFEC and MOI did not detect 
the cracks.  The NDI results are summarized in Appendix C. 
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Figure 4.14.  NDI results showing crack growth at rivet A24 during Load Condition D 
 
Inspections were also performed at the non lap joint stringer-to-skin attachment 
rivets.  These inspections were done using Rivet CheckTM (self-nulling rotating probe 
eddy current system).  Stringer-to-skin attachments are known to be susceptible to 
widespread fatigue damage as reported by the Airworthiness Assurance Working Group 
[4.6].  Furthermore, the Boeing Company conducted a full-scale extended fatigue test of a 
B727 fuselage structure after 47,000 service flight cycles [4.5].  The airplane was 
subjected to an additional 123,000 pressurization cycles for a total of 170,000 cycles, and 
the reported results included large cracks in the lap splice lower row and skin cracks 
along the stringers. 
During Load Conditions A, no crack indications were detected with the Rivet 
CheckTM system along the stringers.  At the end of the fatigue test, a rivet check 
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inspection was performed at all the stringer-skin attachment rivets.  One crack indication 
was detected at rivet 3L-33 along stringer 3L, as shown in Figure 4.15.  Although the 
eddy-current voltage shown in Figure 4.13(a) was 56 mV, which is above the threshold of 
15 mV, there were no visible cracks at this rivet location.  The crack indication was 
located about 60o from the hoop line, on the forward side of the rivet hole. 
 
BS-480 BS-500 BS-520 BS-540 BS-560 BS-580
2L
3L
4L
5L
6L
7L
BS-540 BS-560
3L-33 3L-48(a) Rivet Check screen shot of crack at rivet 3L-33
(b) Location of the crack at rivet 3L-33  
Figure 4.15.  Rivet check indication at stringer-skin attachment rivet S3L-33 
 
4.3.2.2. Global Strain Monitoring 
Strain surveys were also conducted periodically during the fatigue test from the 
minimum load to the maximum load as illustrated in Figure 4.16.  The figure shows 
representative strain measurements from five strain gages in the panel skin during load 
condition A.  In general, the measured strains remained the same throughout the entire 
fatigue test.  As shown in the figure, strains at several locations did not vary during the 
fatigue test illustrating that there was no global damage formation or load redistribution. 
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Figure 4.16.  Strains measured during Load Condition A of fatigue test of Panel No. 2 for 
five selected strain gages, showing no variation of strains during the fatigue test for each 
of the strain gages 
 
Figure 4.17 compares strains at the beginning and the end of load conditions B, C, 
and D at three locations in the panel.  As expected, the strains increased with increase in 
load level at each condition, but were nearly the same at the beginning and end of the 
fatigue test under each of the three load conditions.  Even though the cracks grew 
considerably during load condition D, there was no significant effect of the crack on the 
global strains.  
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Figure 4.17.  Strains measured at the beginning and end of the fatigue loading under Load 
Conditions B through D of fatigue test 
 
4.3.2.3. Observed Crack Growth in Bay 3 
This section focuses on Bay 3, where through-the-thickness fatigue crack growth 
was observed.  The first evidence of crack growth was noticed in the early stages of load 
condition C, at the notch on the aft side of rivet A40.  This indication was detected using 
the USUT ultrasound system.  As a result, water sipping occurred around the rivet A40.  
Visible cracks were first seen at the scheduled 133,000 cycle inspection at both the 
forward and aft sides of rivet A40.   
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Most of the crack growths occurred under Load Condition D.  Photographs of 
initial crack extension under Load Condition D are shown in figures 4.18 through 4.20 
for rivets A40, A38, and A36, respectively, by sequence of occurrence as will be 
discussed later.  In general, the crack extensions were symmetric and collinear extending 
normal to the hoop direction.  All visually measured cracks were first detected by USUT 
ultrasound system. 
The crack growth from rivet A40 is illustrated by a series of photographs in 
Figure 4.18, taken using the UCM system.  The resolution of the grid in each photograph 
is 0.05″.  The photographs show representative snapshots of the growing cracks during 
load condition D.  The crack to the right-hand side of the rivet is A40 aft while the on the 
left-hand side is A40 fwd.  The red dots indicate the locations of the crack tips.  The cycle 
number at which each image was taken is also indicated in the figures.  Crack A40 aft 
was slightly longer than A40 fwd, perhaps due to the fact that the original artificial notch 
at A40 aft was longer than that at A40 fwd, Chapter 3.7.   
Visual growth detection of crack A38 aft occurred after 134,500 cycles followed 
by crack A38 fwd after 140,000 cycles.  Similar to the cracks at A40, visual crack 
detection was preceded by appreciable increase of the sizes of the crack indications 
observed with the USUT ultrasound system.  Figure 4.19 shows a series of photographic 
images taken at A38 using the UCM system during load condition D.  The crack growth 
behavior was similar to that observed in A40. 
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Figure 4.18.  UCM photographs of rivet A40 during fatigue loading under Load 
Condition D, showing crack growth from the artificially induced notches 
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Visual cracking at A36 was first detected 7,000 cycles after A40 and 5,500 cycles 
after A38.  As a result, both cracks had grown by less than 0.05″ by the time unstable 
crack growth occurred in bay 3 at 141, 771 cycles.  Crack A36 fwd was first visually 
detected during load condition D after 140, 000 cycles while crack A36 aft was detected 
after 141,150.  Photographs showing the growth of the cracks at A36 are shown in Figure 
4.20.  In the UCM photographs taken at the scheduled inspections before 141,700 cycles, 
the cracks were so small that it would have been difficult to see them if the photographs 
were included in Figure 4.20. 
The growth of the cracks in bay 3, up to the termination of the fatigue test, is 
summarized in Figure 4.21.  The cycle number for each schematic, representing the total 
number of cycles during the fatigue test, is also shown in the figure.  
At the end of load condition A (Figure 4.21(a)), no crack growth was detected in 
bay 3.  Similarly, no crack growth was detected during load condition B.  Initial crack 
growth in bay 3 occurred at rivet A40 from the notch tips, followed by A38 (Figure 4.21 
(b)).  The cracks at rivet A40 grew faster than at A38 (Figure 4.21(c) and (d)), resulting 
in crack linkup with rivet A41 after 141,235 cycles as was seen in real time via the UCM 
system.  The second linkup occurred after 141,710 cycles at rivet A39, forming a lead 
crack that extended from rivet A39 to A41 (Figure 4.21(g)) for a total length of.  After 
the second linkup, the lead crack grew rapidly and progressed to linkup with A38 aft and 
rivet A42 in less than twenty cycles (Figure 4.21(g) and (h)).   
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Figure 4.19.  UCM photographs of rivet A38 during fatigue loading under Load 
Condition D, showing crack growth from the artificially induced notches 
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Figure 4.20.  UCM photographs of rivet A36 during fatigue loading under Load 
Condition D, showing crack growth from the artificially induced notches 
 
In one cycle, the lead crack extended through a total of six rivets (Figure 4.21(h) 
and (i)) after which the fatigue test was terminated.  At the end of the test, after 141,771 
cycles, the lead crack was 11.8″ long and extended from between rivets A34 and A35 to 
between A45 and the frame as FS 560.  Rivets A31-A34 were the only four rivets in bay 
3 that were not within the lead crack path. 
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Figure 4.21.  Schematic of fatigue crack growth in Bay 3.  The thick black lines indicate 
the artificially induced notches and the thin red lines indicate fatigue cracks. 
 
4.3.2.4. Correlation of Observed Crack Growth with Strain Measurements 
Although the growth of the cracks in bay 3 had no effect on the overall global 
strains in the panel, local load redistribution was detected by the strain gages located 
close to the lap joint.  The gages were located on the outside of the lower skin, 1.0 inches 
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below the lap joint.  As the damage grew, during fatigue loading, the strain distributions 
changed, Figure 4.22.  The figure shows the hoop strains at five strain gages at seven 
different numbers of cycles accompanied by a schematic of the crack extension.  The 
location of the strain gages is shown by the leader dotted lines. 
The strain values at gages S113 and S58 increased continuously as the cracks 
grew due to load redistribution to the uncracked part of the bay, Figure 4.20.  The strain 
values of gage S58 are higher than those of S113 because S58 is closer to the lead crack 
than S113.  The strain at S40 did not vary much up to 141,765 cycles.  However, there 
was a considerable drop in strain during the last five cycles due to crack linkup between 
A38 and A39.  This linkup resulted in redistribution of the load to the uncracked portions 
of the bay, causing the decrease in strain at S40.  As the lead crack progressed from A40 
to A39 and onwards, there was a corresponding continuous decrease in strain at S111 as 
expected, owing to the loads being redistributed to the uncracked parts of the panel.  A 
similar trend was observed at S110, where the progression of the lead crack from the aft 
side of rivet A40 caused a considerable drop in the strain reading as evidence by the plot 
corresponding to 141,750 cycles.  The strains continued to drop as the lead crack grew 
towards A41 due to load redistribution.  Thus, the changes in strain measurements can 
directly be correlated with the observed crack growth. 
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Figure 4.22.  (a) Hoop strain in strain gages located next the lap joint in Bay 3, under 
Load Condition D. (b) Schematic of fatigue crack extensions recorded at selected 
inspection cycles 
 
4.3.2.5. Crack Length Measurements 
Crack length measurements were made throughout the fatigue test using the 
underwater camera system.  Photographs of the cracks were taken at every inspection 
point.  The crack lengths were then determined from pixel counts using digital imaging 
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software.  Each photograph included a grid that was attached to the panel along the lap 
joint close to the rivets to serve as a reference during crack measurement.  The distance 
between the ticks in the grid was 0.05 inches, Figures 4.18, 4.19, and 4.20.  
Measurements were taken from the tip of the starter notch to the tip of the natural crack 
(red dots in these figures). 
Crack length measurements for rivets A38 fwd, A38 aft, A40 fwd, and A40 aft 
are shown in Figure 4.23.  The crack size represents the total length of the crack from the 
rivet hole to the crack tip, and includes the size of the original starter notch.  Each pair of 
cracks (at A40 and A38) was symmetric about the rivet hole, and had a similar growth 
behavior.  The data shown in Figure 4.23 for the crack growth for rivet A36 include only 
four data points as a result of the fact that crack growth occurred only towards the end of 
the fatigue test, as shown in the schematic of Figure 4.21.  The data are shown in another 
form in Figure 4.24, where all crack tip positions are plotted relative to the centerline of 
the bay, which lies at rivet A38.  There was minimal crack growth from both A36 fwd 
and A36 aft during the test, as seen in Figure 4.24. 
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Figure 4.23.  Crack size vs. load cycles for cracks in Bay 3, showing symmetric crack 
growth at A38 and A40 and very little growth at A36 
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Figure 4.24. Crack tip position vs. number of cycles at rivets, showing symmetric crack 
growth at A38 and A40 and very little growth at A36 
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Similar comparison for the cracks at rivet A38 are shown in Figure 4.26.  It can be 
seen in this figure that crack measurements using the UCM and USUT ultrasound 
systems were very similar.  The observed overestimation of crack lengths by the USUT 
ultrasound system that was seen at A40, Figure 4.25 was not seen in the case of A38.  
This is surprising since there is no significant difference between the two rivet locations, 
save for the crack lengths.  These measurements represent only four cracks at two rivet 
locations, and it may not be possible to draw solid conclusions from such limited data.  A 
further evaluation and calibration of the USUT ultrasound system is presented in Chapter 
5.  
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Figure 4.25.  Comparison of crack length measurements from the UCM and USUT 
ultrasound systems at rivet A40, showing a good correlation between the two 
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Figure 4.26.  Comparison of crack length measurements from the UCM and USUT 
ultrasound systems at rivet A38, showing a good correlation between the two 
 
To determine the fatigue crack growth rates for the cracks at A38 and A40, the 
data were analyzed using two procedures; the secant method and the seven point 
incremental polynomial method [4.7].  For the secant method, the crack growth rate is 
determined by calculating the slope of the straight line connecting two adjacent data 
points on the a versus N curve (Figure 4.23).  The crack growth rate da/dN, at crack 
length ai, is then calculated as follows: 
ii
ii
NN
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dN
da
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−=
+
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1
1    (2) 
 
where 
ai is the crack length of the current record 
ai+1 is the crack length of the next record 
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Ni is the count of cycle number for the current record 
Ni+1 is the count of cycle number for the next record 
 
As expected there is a lot of scatter associated with the secant method, and the 
seven point incremental polynomial method is used to produce smoother da/dN data.  The 
incremental polynomial method for computing da/dN involves fitting a second order 
polynomial to sets of (2n+1) successive data points, where n is 3.  The form of the 
equation for the local fit is as follows: 
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bo, b1, and b2 are the regression parameters that are determined by the least squares 
method.  The crack growth rate, da/dN, at any given crack length ai is obtained from the 
derivative of Equation (3), which is given by the following expression. 
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Figure 4.27 and Figure 4.28 present the da/dN vs a data for the cracks at rivets 
A38 and A40, using both the secant and the seven-point polynomial methods.  The da/dN 
vs a data determined with the seven-point polynomial method has less scatter compared 
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with the secant method, as expected.  Crack A38 fwd was not evaluated with the seven-
point polynomial method since it had too few crack measurement data.  The crack growth 
rates generally ranged between 10-5 and 10-3 inches per cycles (polynomial method) 
Figure 4.28.  As expected, the crack growth rates increased with increasing crack lengths.  
One would expect a noticeable increase in crack growth rates when the loads were 
increased from Load Condition C to Load Condition D, which is not present in the two 
Figures. 
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Figure 4.27. Crack growth rates of the visual cracks at rivet hole A38, and A40.  The 
crack growth rates were determined using the secant method. 
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Figure 4.28. Crack growth rates of the visual cracks at rivet hole A38, and A40.  The 
crack growth rates were determined using the seven-point polynomial method. 
 
Photographs of the final state of damage of Panel No. 2, at the end of the test, are 
shown in Figure 4.29.  The lead crack at the end of the test was 11.8″ long and extended 
from rivet A 35 to A45 at the end of the frame bay.  Rivets A31-A34 were the only four 
rivets in the bay that were not within the final crack.  However, the four rivets all had 
NDI indications of the presence of cracks, apparently they were subsurface cracks.  In all, 
30% of the rivets in row A that had no visual cracks had NDI crack indications, as 
discussed in Chapter 5.  The extent of damage in the lap joint is also shown in Figure 
4.30.  The figure shows all fifteen Bay 3 critical row rivets of the lap joint, and the 
pictures were taken from inside the panel.  Since the cracks were on the inner skin, they 
were not visible from the outside of the panel. 
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Figure 4.29.  Final damage scenario in the lap joint showing an 11-rivet crack in Bay 3, 
and ten other rivets with NDI indications 
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Figure 4.30.  Photographs of the final state of damage showing a single fatigue crack 
extending from rivet A35 to A45 
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4.3.2.6. Non Lap Joint Fatigue Damage 
In addition to cracks in the lap joint, there was also some fatigue damage in the 
panel test section, specifically at stringer 3L, rivet 38 (3L-38).  After 135,030 cycles (30 
cycles into load condition D) a water leak was detected at rivet 3L-38.  An inspection by 
the RCCM system revealed the presence of a visual crack as shown by the RCCM 
photograph of Figure 4.31.  The location of the crack in the panel is also indicated in the 
figure.  Crack growth for this crack was very slow as it grew only to a maximum length 
of only 0.093″ by the end of the test.  Visual crack growth data for this crack (3L-38) was 
recorded using the RCCM and is shown in Figure 4.32.  The crack lengths in the graph 
represent the measured distances from the edge of the countersunk rivet hole to the crack 
tip.  No other visual cracks were detected in the panel test section besides the Rivet 
CheckTM indication at rivet 3L-33, discussed in section 4.3.2.1.   
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(a) External photograph of the crack at rivet 3L-38
(b) Location of the crack at rivet 3L-38
crack
 
Figure 4.31. Stringer-skin attachment rivet cracking at stringer 3L, rivet 38.  Rivet 3L-33, 
which is five rivets forward of 3L-38 had NDI indication at the final inspection as 
discussed in 4.3.2.1 
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Figure 4.32. Crack size vs. load cycles for the crack at stringer-skin attachment rivet at 
3L-38.  The crack grew approximately 0.021 inches in 6,741 cycles. 
 
4.4. CONCLUSIONS 
• Strain surveys were conducted to ensure that the loads were applied appropriately 
to the panel.  The strain measurements were found to be repeatable and uniform 
throughout the test sections, indicating that the FASTER fixture applied loads 
appropriately to the panels.  While the panel skins were primarily under in-plane 
loading, there was a significant bending effect at the lap joint. 
• No cracks were detected in the skin of the panel test section on Panel 1 during the 
fatigue test.  The test was terminated after 43,500 simulated flight cycles due to 
extensive cracking at the longitudinal load attachment area.  Including service 
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history, the fatigue test brought the total fatigue life of the panel to 102,997 
cycles. 
• Fatigue testing of Panel No. 2 was conducted under simulated in-service 
conditions for 120,000 cycles, with no cracks detected in the skin of the panel test 
section. Including service history, this brought the total fatigue life of the panel to 
179,497 cycles (three design service goals) 
• After 120,000 cycles, artificial damage was introduced into Panel 2 at select rivets 
in the critical rivet row, and the applied loads were increased.  Crack growth from 
the artificial notches was first seen visually after 133,000 cycles.  The resulting 
lead crack grew along the critical rivet row eventually forming an 11.8″ long 
unstable fatigue crack after 141,771 cycles, at which point the test was 
terminated. 
• Crack growth behavior at the rivets with the artificial notches was similar and 
collinear.  The crack growth rates of the individual cracks generally ranged 
between 10-5 and 10-3 inches per cycles. 
• The USUT ultrasound system was effective in detecting initial crack growth from 
the notch-tips, and subsurface cracks at the unmodified rivets. 
• Fatigue damage was also observed at two locations on the skin of Panel No. 2 at 
the stringer-skin attachment rivets. 
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CHAPTER 5: POSTTEST FRACTOGRAPHIC EXAMINATIONS OF 
SUBSURFACE FATIGUE CRACKS 
 
5.1. INTRODUCTION 
A posttest fractographic examination of Panel No. 2 was conducted.  The 
objectives of the fractographic examination were to determine the extent of subsurface 
fatigue crack growth by documenting the final state of damage and to reconstruct crack 
growth histories at selected rivet holes.  During the fatigue test, visual crack growth was 
observed at the critical rivet row A of Bay 3 emanating from the artificially introduced 
damage at the end of Load Condition A.  The cracks later linked-up and ultimately 
formed an 11.8″ crack at the end of the test.  Although no visual cracks were found 
anywhere else in the lap joint, NDI indicated damage – possibly subsurface.  In order to 
confirm the NDI indications, fractographic examinations were undertaken at all rivets 
along rivet row A, including the rivets that had no NDI crack indications. This chapter 
discusses the results of the fractographic examinations undertaken at the critical rivet row 
(row A) of the lap joint in all three bays of the test section. 
Sections of the lap joint were removed from the panel, fractography specimens 
were prepared (following the procedure described in Chapter 3), and the exposed faying 
surfaces were examined under a stereomicroscope to detect subsurface fatigue cracks.  
The faying surfaces were found to be heavily fretted around the rivet holes, but otherwise 
generally free from any other defects.  After the subsurface cracks were identified on the 
faying surfaces under a stereomicroscope, the fracture surfaces were exposed following 
the procedure implemented by Ramakrishnan and Jury [5.1], Chapter 3.8. 
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The extent of subsurface fatigue cracking was characterized by determining the 
final shapes and sizes of all the cracks.  Crack growth histories were reconstructed at 
selected rivets by tracking marker bands that formed on the fracture surfaces as a result of 
the loading spectra, and were used to determine crack front shapes, crack lengths, and 
crack growth rates.  Correlations were made between fractographic crack measurements 
and nondestructive inspection results.  A study of the rivet installation quality was 
conducted to characterize the condition of the installed rivets at the critical rivet row.  
5.2. PRE JOINT-DISASSEMBLY OBSERVATIONS 
At the end of the fatigue test, the only visual damage was the 11.8″ lead fatigue 
crack in Bay 3, crossing 11 rivets.  One inch square coupons of the remaining 34 rivets in 
the lap joint critical rivet row that were within the test section were removed as discussed 
in Chapter 3.8.  A stereomicroscope was used to inspect for cracks along the free surface 
of the inner skin that may had gone undetected by the underwater camera during the test.  
The surfaces around the rivet holes were found to have corrosion deposits as shown by 
the example of Figure 5.1, but no cracks were detected.  A library of the photographs of 
the remaining rivets in row A is given in Appendix E.  The possible presence of very 
small cracks within the corrosion regions could not be ruled out at that point and was left 
for determination after the joint skin layers were disassembled from each other. 
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Figure 5.1.  Stereomicrographs of the driven-end of rivet A23 as observed on the free 
surface of the inner skin. Note the corrosion around the rivet. View (a) is normal to the 
driven rivet tail; view (b) is looking down at the rivet head, view (c) is looking up from 
below the rivet. Similar photographs are shown in Appendix E. 
 
5.3. FAYING SURFACE CONDITIONS 
Following disassembly of the lap joint, the exposed faying surfaces were 
examined under the stereomicroscope to detect fatigue cracks.  The faying surfaces were 
found to be heavily fretted around the rivet holes.  Otherwise the faying surfaces were 
relatively free from any other defects.  Figure 5.2 shows an example of a faying surface 
around a rivet hole, with the fretting visible around the hole.  Also seen in Figure 5.2 are 
two cracks on the forward and aft sides of the rivet hole.  Stereomicroscope images of all 
the rivet locations in row A are presented in Appendix E. 
 
  
134
0.060 in
fretting
crack
up
aft
 
Figure 5.2.  Faying surface of A24, showing fretting around the rivet hole and cracks on 
the forward and aft sides of the rivet hole. Similar photographs are shown in Appendix E. 
 
The location of the cracks was found to be at the bottom of the rivets.  In his 
extensive experimental investigations, Muller [5.2] found that the location of crack 
nucleation is often influenced by the amount of rivet squeeze force.  Increasing the rivet 
squeeze force shifts the crack nucleation site from the hole edge in the net section 
towards the top of the hole.  In fact, Muller found that at relatively high squeeze forces, 
the rivet hole is no longer fatigue critical and fatigue cracking will start in front of the 
hole at the location of maximum secondary bending.  At relatively low squeeze forces 
fatigue cracks would initiate from the rivet hole in the net section due to stress 
concentration of the loaded hole and bypass load.  However, the residual stresses due to 
hole expansion and rivet clamping lower the tensile hoop stresses around the hole , which 
can affect the initiation location. The maximum bending now occurs below the critical 
rivet row, making the location the most critical for crack initiation due to secondary 
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bending.  A qualitative discussion of the amount of rivet squeeze force applied at these 
rivets is discussed later in this chapter.  
5.4. FRACTURE SURFACE CHARACTERISTICS 
Cracks at rivet holes A36, A38, and A40 grew from the artificial notches that 
were inserted at the end of Load Condition A, Chapter 3.8.  Qualitative results of these 
cracks were discussed in Chapter 4.3.2.  Visual crack growth was first detected at A40 aft 
after 133,000 fatigue cycles, followed by crack A40 fwd as discussed in Chapter 4.  
Stereomicroscope images of the fracture surfaces of A40 fwd and A40 aft are shown in 
Figure 5.3.  The elliptical-front starter notches were longer in the free surface, but the 
ensuing fatigue cracks were expected to be longer along the faying surface as a result of 
the high tensile stresses caused by local bending.   
 
Rivet hole
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Figure 5.3.  Stereomicrographs of fracture surfaces at rivet A40, showing the artificial 
notches and the fractures surfaces. Similar photographs are shown in Appendix E. 
 
Besides crack growth from the artificial notches in Bay 3, there was considerable 
subsurface fatigue cracking in all three bays along the critical rive row A in the panel test 
section.  Fractographic examinations were not conducted in rivet row C, since there were 
no NDI indications in this rivet row.  Rivet row B was also not fractographically 
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evaluated because it is not susceptible to fatigue cracking. All the subsurface fatigue 
cracks in row A were located at rivet holes, with some cracks just tunneling underneath 
the clad layer.  Aluminum alloys of the 2000 series are susceptible to atmospheric 
corrosion, and are normally protected with pure aluminum cladding to provide resistance 
to corrosion.  Due to the higher ductility of the cladding, cracks often tunnel underneath 
the clad layer for some growth period before becoming through-the-thickness cracks, as 
shown in Figure 5.4. 
 
rivet hole faying surface
crack front
 
Figure 5.4.  Setereomicroscope crack on the aft side of A24 tunneling underneath the clad 
layer. Similar micrographs are shown in Appendix E 
 
The stereomicroscope micrographs shown in Figure 5.5 illustrate the typical 
morphology of subsurface fatigue cracks observed at all rivets that had subsurface cracks.  
Most of the subsurface fatigue cracks had multiple faying surface origins.  Typically, the 
cracks initiated at surface clad discontinuities, within a localized region along the faying 
surface.  Such crack initiation scenario was also observed by Ahmed et al [5.3] and 
Piascik and Willard [5.5].  The multiple crack initiation points often resulted in ridges, 
shown in the example of Figure 5.6, and were followed by subsurface cracks linking, 
resulting in a continuous crack front.  The ridges were a result of non-coplanar cracks, a 
characteristic was also reported in references [5.3, 5.5, and 5.6].   
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The example shown in the Figure 5.6 is for a crack in the forward side of rivet 
hole A20.  A ridge that extends almost the entire thickness of the skin is shown in the 
figure in higher magnification images.  Such presence of ridges suggests linkup of 
subsurface fatigue cracks that initiated at multiple locations along the faying surface.  The 
evidence of multiple crack origins was found in the fatigue fracture surface from the 
orientation of fatigue striations during early crack growth.  The exact locations of the 
crack initiation points were difficult to pin-point due to the presence of oxide deposits in 
the surface, Chapter 3.8, but the general locations could be determined from the 
orientations of the fatigue striations. 
This type of damage was a result of fretting caused by relative motion between 
the inner skin layer and the doubler (bonded to the outer skin).  Piascik and Willard [5.5] 
observed the presence of surface clad abrasion (fretting) along the faying surfaces, and 
determined that there was a correlation between the extent of fretting (“fretting average”) 
and cracking.  In the present study, there was extensive fretting cracking around all rivet 
holes in the critical rivet row, as discussed in section 5.3. 
 
  
138
0.020 in
0.020 in
(a) Crack A7 forward (b) Crack A22 forward
0.030 in
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Figure 5.5.  Stereomicrographs showing fracture morphology of subsurface fatigue cracks 
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Figure 5.6.  SEM micrographs of the fracture surface of crack A20 aft, showing two 
crack planes on the fracture surface 
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5.5. CRACK DISTRIBUTIONS 
After the introduction of the artificial notches in Bay 3 and replacement of rivets 
with hi-lock fasteners in bays 1 and 3, the three frame bays in the test section of the panel 
were considered to be three independent test specimens.  As explained in Chapter 3.7, 
bay 1 was left as is, the middle seven rivets in Bay 2 were removed and replaced with 
loose fit fasteners, and artificial notches were inserted at three rivet holes (A36, A38, and 
A40) in Bay 3.  The notches in Bay 3 grew under fatigue loading and subsequently 
linked-up to form an 11.8″ fatigue crack by the end of the test.  During the posttest 
destructive evaluation, efforts were made to determine whether subsurface fatigue cracks 
were present at the rivet holes of the three frame bays.  The stereomicroscope 
examinations showed that subsurface fatigue cracks were present at some of the rivet 
holes, as discussed later in sections 5.5.1, 5.5.2, and 5.5.3. 
After the fracture surfaces were exposed, the final state of damage was 
characterized by measuring the final lengths of the subsurface fatigue cracks under a 
stereomicroscope.  The joint stack-up of four of the coupons were not dismantled for 
crack investigations.  That is, the rivets were not removed, nor were the faying surfaces 
exposed for these four coupons.  The four rivet coupons, containing rivets A18 and A28 
in Bay 1, and A3 and A13 in Bay 2 were used for a study of rivet installation.  Thus in 
bays 1 and 2, only thirteen rivet holes per bay were investigated for presence of 
subsurface cracks.  Two crack dimensions were measured for each crack:  The crack 
length, c, measured from the edge of the rivet hole to the crack tip along the faying 
surface, and the crack length in the thickness direction, a, Figure 5.7. 
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Figure 5.7.  Schematic of fracture surface, showing the crack length designations 
 
5.5.1. Crack Distribution in Bay 1 
No modifications had been made on this bay, and all the subsurface cracks that 
were found occurred during the fatigue loading.  Thirteen rivet holes in Bay 1 were 
opened for stereomicroscope examination of the faying surfaces of the inner skin at the 
lower rivet row using the methodology discussed in Chapter 3.8.  Of the thirteen rivet 
holes, seven (A17, and A20 to A25) were found to have subsurface fatigue cracks.  
Besides A17, all the fatigue cracks were located in the middle of the frame bay, Figure 
5.8.  This was expected since the hoop stress in a bay is highest at the midbay and lowest 
at the tear straps (frames).  The longest subsurface crack was at rivet A24 and it was 
0.136″ long.  None of the subsurface cracks had grown to become through the thickness 
cracks (visible), and were thus not visible from the free surface of the skin.  With the 
exception of A17 and A20, all other holes had two cracks, each on the forward and aft 
side of the hole, and grew normal to the hoop stress.  All the subsurface cracks started at 
the bottom (lower) portion of the rivet as shown by the example of Figure 5.2 and in 
Appendix E.  The final crack lengths at the end of the test for the six middle holes are 
  
141
listed in Table 5.1.  Note that the depth of some of the cracks is almost the size of the 
plate with (0.04 inches), indicating that the cracks are just tunneling underneath the clad 
layer. 
 
FS-520 FS-540
A16 A30
C16 C30
17 18 19 20 21 22 23 24 25 26 27 28 29
 
Figure 5.8.  Schematic showing the location of rivets in Bay 1 having subsurface fatigue 
cracks 
 
Table 5.1.  Crack length measurements in Bay 1 
Crack Position 
Forward Crack Aft Crack Rivet 
c c c a 
A17 0.050   No Cracks 
A20 0.072 0.028 No Cracks 
A21 0.084 0.030 0.131 0.041 
A22 0.072 0.026 0.103 0.040 
A23 0.068 0.035 0.123 0.039 
A24 0.136 0.036 0.160 0.039 
A25 0.091 0.034 0.085 0.035 
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5.5.2. Crack Distribution in Bay 2 
The middle seven rivets in Bay 2 were removed after 120,000 cycles.  The rivets 
were then replaced with snug-tight loose-fit hi-lock fasteners in order to simulate 
underdriven rivets, Chapter 3.7.  Posttest examinations of the faying surfaces around all 
thirteen rivet holes revealed subsurface cracks at five rivets A1, A4, A7, A9, and 12, 
Figure 5.9.  Unlike in Bay 1, these rivet holes were not located towards the middle of the 
bay except rivet A7.  It appears that replacing the rivets with loose fit fasteners did not 
accelerate crack growth at the middle of the bay as anticipated.  Although rivet squeeze 
force is known to have an effect on crack initiation [5.2], this characteristic was not 
observed in this bay. 
According to Muller [5.2], high rivet squeeze force results in longer fatigue life. 
In fact, contrary to expectation, Bay 1 experienced more cracking than Bay 2, although 
all the rivets in Bay 1 had been left intact (greater rivet squeeze).  This observation 
suggests that other factors may be more dominant in causing crack initiation than rivet 
squeeze force.  It is possible that using loose-fit fasteners reduced the amount of load 
transfer at the critical rivet row, and thus reducing the stresses in the rivet holes.  The 
longest subsurface crack was 0.119″ located at A1.  Similar to the observation at Bay 1, 
none of the cracks had broken though the clad layer. 
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Figure 5.9.  Schematic showing the location of rivets in Bay 2 having subsurface fatigue 
cracks 
 
 
Table 5.2.  Crack length measurements in Bay 2 
Crack Dimensions Length (in) 
Forward Crack Aft Crack Rivet 
c a c a 
A1 0.119 0.028 No Cracks 
A4 0.099 0.035 0.101 0.028 
A7 0.077 0.027 No Cracks 
A12 0.097 0.032 No Cracks 
  
5.5.3. Crack Distribution in Bay 3 
During the 120,000 cycle modification, the seven middle rivets in Bay 3 were 
drilled out and artificial notches were inserted at rivets A36, A38, and A40.  Similar to 
Bay 2, the rivets that were drilled out were replaced with snug-tight loose-fit fasteners.  
During subsequent testing, fatigue cracks started from the notch tips, linked up, and 
eventually formed an 11.8″ long fatigue crack by the end of the test as shown in Figure 
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5.10.  Only four rivets (A31 to A34) did not fall within the path of the lead crack.  
Evaluation of the inner skin faying surfaces, around these four rivet holes, revealed the 
presence of subsurface fatigue cracks at all four rivet holes.  As the lead crack grew, the 
load was re-distributed to the uncracked part of the bay leading to an increase in the stress 
intensity factor range (ΔK) at these locations, resulting in subsurface fatigue crack 
growth. 
As for the rivet holes that lie within the lead crack path, subsurface fatigue crack 
growth was found at A35, A37, A42, A43, A44, and A45 as shown in Figure 5.10.  The 
rivet holes with subsurface fatigue cracks are shown with the filled circles.  The first 
crack linkup occurred when crack A40 aft reached rivet A41, followed by crack A40 fwd 
reaching rivet A39 and A38.  The distribution of fatigue cracks in this bay is in 
agreement with this sequence of events in that there are no fatigue cracks at these holes.  
After the crack became longer, the remaining rivet holes experienced higher stresses due 
to load redistribution, resulting in the formation of subsurface fatigue cracks at those rivet 
locations. 
In total, naturally occurring fatigue cracking was found at 10 rivet holes as shown 
in Figure 5.10.  All but two of the holes had two cracks each – one forward (A34) and the 
other aft (A33) of the hole.  All the cracks were oriented perpendicular to the hoop 
direction.  The stereomicroscope measured lengths of the subsurface cracks are given in 
Table 5.3.  A summary and comparison of all the subsurface cracks, recorded using the 
stereomicroscope, in the three bays is provided by the bar graph of Figure 5.11.  The 
graph shows the longitudinal lengths of the cracks on each side of the rivet holes at the 
faying surface. 
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Figure 5.10.  Schematic showing the location of rivets in Bay 3 having subsurface fatigue 
cracks  
 
 
Table 5.3.  Subsurface crack length measurements in Bay 3 
Crack Dimensions Length (in) 
Forward Crack Aft Crack Rivet 
c a c a 
A31 0.069 0.028 0.072 0.025 
A32 0.078 0.027 0.057 0.024 
A33 No Cracks 0.101 0.037 
A34 0.104* ** No Cracks 
A35 0.050 0.026 0.068 0.029 
A37 0.066 0.026 0.103 0.032 
A42 0.102 0.040 0.122 0.039 
A43 0.106 0.033 0.098 0.037 
A44 0.085 0.031 0.042 0.036 
A45 0.141 0.036 0.176 0.043 
 
*   Fracture surface not exposed. Crack length measured along the faying surface 
 ** Crack depth not known since crack was not opened 
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Figure 5.11.  Final subsurface fatigue crack lengths in the panel test section along the 
critical rivet row A measured using the stereomicroscope 
 
5.6. FATIGUE CRACK FRONT RECONSTRUCTION 
A forensic analysis of the crack growth histories was conducted.  The analysis 
relied on the measurement of marker bands formed in the fracture surfaces during fatigue 
loading as a result of the loading spectra.  The majority of the fracture surfaces were 
found to be covered with some corrosion deposits, as discussed in Chapter 3.8, which 
obscured many of the marker bands.  Example fracture surfaces are shown in Figure 5.12.  
The figure shows a relatively clean fracture area of A24 alongside an area of the same 
rivet, covered with the foreign substance. 
Two rivet holes, A20 and A21 were selected for marker band reconstruction since 
their fracture surfaces were relatively clean.  It should be noted, however, that even at 
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A20 and A21, there were still some spots on the fracture surfaces that had corrosion 
deposits, which hindered the complete reconstruction of each marker band. 
 
10 μm10 μm Foreign substance deposits
(a) (b)
 
Figure 5.12.  SEM images of fracture surface of A24, (a) Relatively clean area, and (b) 
area covered with foreign substance 
 
5.6.1. Marker-Band Reconstruction 
The mapping of marker-band groups from the fracture surfaces of A20 and A21 
was conducted in order to study subsurface fatigue crack growth behavior.  The marker 
bands generated by the loading spectra were traced using a scanning electron microscope.  
The marker bands were used to reconstruct fatigue crack growth history and growth rates.  
Examples of SEM images showing the typical appearances of the four marker band 
groups (3M, 4M, 6M, 10M), generated during the fatigue loading by the load spectra of 
Figure 3.25 are shown in Figure 5.13. 
For Load Conditions A and B, the marker bands were very close to each other, 
indicating slow crack growth.  These marker bands were not easily distinguishable, and 
difficult to interpret.  Therefore, for the first two load conditions, higher magnifications 
were needed to observe the marker bands.  At shorter crack lengths, the marker bands 
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could not be readily detected, and were very spotty at best, making it an unworthy 
undertaking.  The marker bands were more distinguishable for Load Conditions C and D. 
 
(a)
(d)(c)
(b)
3M 4M
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Figure 5.13.  SEM images showing typical appearance of the marker band groups on the 
fracture surfaces during Load Condition D (3M) and Load Condition C (4M, 6M, 10M) 
 
The marker bands were tracked and mapped using the procedure of Ahmed, et al. 
[5.3]. This procedure uses a local x- and y- coordinate system with the origin located at 
the corner of the rivet hole.  Measurements of the coordinates of several points along a 
marker band were taken and plotted in a two dimensional space to define the crack front 
locations.  The mapped marker band plots were then used to determine crack lengths and 
crack growth rates.  
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The reconstruction of the marker bands at rivet hole A20 is shown in Figure 5.14.  
Rivet hole A20 had only one crack, and it was on the forward side of the hole, as shown 
in the figure.  Each of the curves in the plot represents the front of the marker band, 
determined by connecting together the points recorded along the marker band.  As shown 
in the figure, the marker bands could be tracked back reliably up to the beginning of Load 
Condition C.  The marker bands on the fracture surfaces correlated well with the 
sequence in which they were applied, enabling a determination where each of the last two 
load conditions.  This correlation is discussed in the next section. 
In the region that corresponds to Load Conditions B, the marker bands were very 
close to each other, and difficult to distinguish.  At smaller crack lengths, marker bands 
were not detected, although fatigue striations were seen at some locations.  The marker 
band curves of Figure 5.14 indicate that the crack initiated at the faying surface, away 
from the rivet hole, and grew in both the transverse and longitudinal directions.  The 
orientations of the marker-bands indicated that there were at least three crack initiation 
sites along the faying surface close as shown in Figure 5.14, followed by coalescence and 
formation of a single crack, as discussed in section 5.4.   
Reconstruction of crack growth histories for A21 fwd is shown in Figure 5.15.  
There were two fatigue cracks at this rivet hole, on either longitudinal side of the hole.  
The marker bands indicate that similar to the crack at A20, these cracks initiated at the 
faying surface.  The plot of the A21 marker bands is stretched in the y-direction (i.e 
aspect ratio is not 1) for clarity.  Similar to A20 (Figure 5.14) the marker bands were 
easier to reconstruct for Load Conditions C and D but were not clearly distinguishable for 
the period preceding Load Condition C.  The marker bands were also not detected close 
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to the rivet hole.  The high tensile stresses at the faying surface due to local bending 
resulted in faster crack growth in the longitudinal direction than in the transverse 
direction, resulting in nearly elliptical crack fronts.  
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Figure 5.14.  Progression of marker bands at rivet hole A20 
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Figure 5.15.  Progression of marker bands at rivet hole A21 
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5.6.2. Crack Length Measurements 
Using the marker band reconstruction plots discussed in the previous section, 
subsurface crack length and crack growth rates in the transverse and longitudinal 
directions were calculated.  The longitudinal crack measurements were taken close and 
parallel to the faying surface since that was the plane of the longest crack length.  To 
calculate the average crack growth rates, the spacing between two adjacent marker-band 
groups was divided by the number of applied fatigue cycles in that interval.  The number 
of cycles corresponding to the spacing between each pair of marker band groups was 
backtracked from the fact that the last marker band (3M) applied to the loading just 
before the test was terminated was easily identified.  The loading history during Load 
Conditions C and D was successfully correlated with the marker band plots.  During 
Load Condition C, spectrum band shown in Figure 5.16 was applied for a total of 5,000 
full-load cycles, resulting in five marker-band groups in the following sequence: 6M, 4M, 
10M, 6M, and 4M.  For Load Condition D, the load spectrum shown in Figure 5.16 was 
applied only once, resulting in two distinct 3M marker-band groups.  
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Figure 5.16.  Marker band spectra applied during Load Conditions C and D 
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The fractographic measurement results of the subsurface cracks at rivet holes A20 
and A21 are shown in Figures 5.17 and 5.18 respectively.  These crack lengths are plotted 
as a function of full load cycles (excluding the marker band loads).  The smallest cracks 
measured at A20 were 0.017″ in the transverse direction and 0.020″ in the longitudinal 
direction at 131,000 cycles (1st marker band of Load Condition C).  It is worth noting that 
the longitudinal crack measurement was taken from the crack initiation site (Figure 5.14) 
and not from the rivet hole since the crack did not initiate at the rivet hole.  Figure 5.17 
shows crack growth data for the crack in both the longitudinal (aft-forward) and skin 
thickness (transverse) directions. 
Rivet hole A21 had cracks on the forward and aft sides.  At the beginning of Load 
Condition C, A21 fwd was 0.068″ long while A21 aft was 0.089″ long.  Unlike in the 
case of rivet hole A20, these measurements were taken from the rivet corner along the 
faying surface.  The marker bands for the cracks at A21, Figure 5.15, did not allow for 
the determination of crack lengths in the transverse (thickness) direction due to the 
difficulty in fully reconstructing the marker bands.  Therefore only the longitudinal crack 
measurements, along the forward and aft directions, were determined as plotted in Figure 
5.18.  These results represent crack growth during Load Conditions C and D only.  As 
seen from the two plots, Figures 5.18 and Figure 5.19, substantial crack growth had 
occurred by the beginning of Load Condition C. 
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Figure 5.17.  Crack growth at A20 fwd during Load Conditions C and D 
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Figure 5.18.  Longitudinal crack growth at A21 during Load Conditions C and D 
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Crack growth rates for cracks A20, A21 fwd, and A21 aft were determined using 
the crack lengths of Figures 5.17 and 5.18, and are shown in Figures 5.19 and 5.20.  
These crack growth rates were calculated using the secant method.  The last two data 
points in each plot represent crack growth rates during Load Condition D.  For each 
crack, the crack growth rates were almost constant at each of the two load conditions, and 
were higher than 10-7 inch/cycle.  As can be expected, the crack growth rates are higher 
for longer cracks, due to larger crack growth driving forces.  Neither crack lengths nor 
crack growth rates comparisons were made between the fractographic results and NDI 
(USUT ultrasound system) because the available NDI data was not sufficient for such 
comparisons.  During the later part of the test, NDI were conducted more frequently in 
Bay 3 since there was more crack growth activity, and less frequently in Bay 1 and Bay 
2, resulting in less data for the two bays. 
Crack Length (in)
0.01 0.1
da
/d
N
 (i
nc
h/
cy
cl
e)
1e-7
1e-6
1e-5
A20 longitudinal
A20 transverse
 
Figure 5.19.  Crack growth rates at A20 during Load Conditions C and D 
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Figure 5.20.  Crack growth rates at A21 during Load Conditions C and D 
5.7. ASSESSMENT OF NDI METHODS 
Several NDI methods were used to periodically inspect the lap joint rivet holes for 
subsurface fatigue crack initiation during the fatigue test.  The six methods, discussed in 
Chapter 3.4, were mid frequency eddy current (MFEC), low frequency eddy-current 
(LFEC), Rivet CheckTM (self-nulling rotating eddy current system), magneto-optic 
imager (MOI), meandering winding magnetometer (MWM), and USUT ultrasound 
system.  From the beginning of Load Condition D to the end of the test, only the USUT 
ultrasound system was used in an effort to cut down on time spent during the inspections.  
The USUT ultrasound system was selected for the inspections during Load Condition D 
because it has the best probability of detection (PoD) among the six methods as presented 
in Chapter 3.4.  At that point, no crack indications had been detected at the lap joint.  
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However, all the six techniques were used during the final inspection at the end of the 
test. 
Besides the USUT ultrasound system, the MFEC has the second best probability 
of detecting subsurface cracks.  MFEC is the most sensitive technique currently used in 
the airline industry to inspect for fatigue cracks at the inner skin layer of the lap joint.  
The main drawback of MFEC is that inspections have to be conducted from inside the 
airplane, a time consuming and labor intensive effort that entails removing the inner 
furnishings and insulations of the fuselage. 
Eight rivet holes were used to evaluate the sensitivity of MFEC and USUT 
ultrasound system as shown in Table 5.4.  The maximum crack lengths in the table 
represent the final crack lengths measured using the stereomicroscope after the fracture 
surfaces were exposed.  The “X” in the table means the crack was detected by the 
respective NDI.  These rivet holes were selected because they had subsurface cracks of 
lengths longer than 0.1″.  Due to the corrosion on the free surfaces of the inner skin layer 
at row A, Figure 5.1, inspection of cracks using the MFEC was not conducted under ideal 
conditions since the inspection probe had to travel over and detect cracks past the flaked 
paint and corrosion.  It was observed that under these conditions, the MFEC did a poor 
job of detecting cracks that were under 0.1″ length, hence the decision to use only the 
eight rivet holes for the evaluation. 
From the table, it can be seen that MFEC was able to detect the cracks at six of 
the eight rivet holes.  It is also noteworthy that the two cracks that were missed by MFEC 
were just barely over 0.1″.  In light of the above, and the fact that all the eight cracks 
  
158
exhibited tunneling behavior, the MFEC was found effective in detecting cracks within 
the technique’s PoD. 
Also shown in Table 5.4 are inspection results for the USUT ultrasound system.  
The USUT ultrasound system detected all the cracks except at rivet hole A23.  Due to 
unevenness of the fuselage surface, rivet hole A23 was always difficult to inspect, in that 
even the image resulting from the reflection of the ultrasonic waves on the rivet hole 
were difficult to see in the computer display, which could explain the missed crack by the 
USUT ultrasound system.  It is seen from the table that the USUT ultrasound system 
detected the presence of cracks slightly better than the MFEC.  This finding suggests that 
the USUT ultrasound system could be an alternative to the MFEC to inspect for inner 
layer cracks in an aircraft lap joint.  This is significant because the USUT ultrasound 
system inspections are conducted from outside the airplane and will therefore save time 
and man hours while not compromising sensitivity.  Additionally, crack lengths can 
readily be estimated from the USUT ultrasound inspection scans, which is not the case 
with MFEC since MFEC inspection results are in the form of an impedance place. 
 
Table 5.4.  Final MFEC and USUT ultrasound inspection results for the longest eight 
subsurface cracks 
 
Rivet Max. Crack Length from Stereomicroscope (in) MFEC USUT
A1 0.119 X X
A4 0.101 X X
A21 0.131 X X
A22 0.103 X X
A23 0.123 X
A24 0.160 X X
A33 0.101 X
A34 0.104 X  
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During the destructive evaluation of the lap joints, subsurface fatigue cracks were 
found at a total of sixteen of the rivet holes that did not lie within the lead crack as 
discussed in sections 5.5.1 to 5.5.3.  These crack findings were used to evaluate the 
USUT ultrasound system for inspection of inner layer cracking in a fuselage lap joint.  
The USUT ultrasound system inspection results from the inspection that was conducted 
at the end of the test were used for the evaluation.  Of the twenty two subsurface cracks 
that were confirmed through fractography at fourteen rivet holes, the ultrasound system 
detected all but five cracks, as shown in Table 5.5.  The USUT ultrasound system did not 
detect the cracks A20 fwd, both cracks at A23, A25 aft, and A34 fwd, that is, it missed 
five cracks.  The largest crack missed was A23 aft, with a length of 0.123″.  The USUT 
ultrasound system also detected a crack at A30 that was not verified during the 
destructive evaluation of the joint.  While it is possible that this crack indication was just 
false call, it is also possible that it was an actual fatigue crack, but too small to be seen 
under the stereomicroscope.  It is worth noting that the amount of fretting around the rivet 
holes made it very difficult to detect small cracks during fractography, especially those 
that had not grown past the fretted zone.  The crack lengths for cracks used in the 
comparison are listed in Tables 5.1 to 5.3, obtained from stereomicroscopy. 
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Table 5.5.  Comparison of fractography crack findings to posttest USUT ultrasound 
system inspections  
 
Crack Length (a) 
Forward Crack Aft Crack Rivet 
Fractography USUT Fractography USUT 
A1 0.119 0.021 x x 
A4 0.099 0.075 0.101 0.033 
A7 0.077 0.037 x x 
A12 0.077 0.037 x x 
A20 0.072 x x x 
A21 0.084 0.011 0.131 0.106 
A22 0.072 0.011 0.103 0.089 
A23 0.068 x 0.123 x 
A24 0.136 0.145 0.160 0.161 
A25 0.091 0.013 0.085 x 
A30 x 0.014  x x  
A31 0.069 0.047 0.072 0.019 
A32 0.078 0.100 0.057 0.078 
A33 x x 0.101 0.105 
A34 0.104 x x x 
 
 
To determine the applicability of the USUT ultrasound system to measure crack 
sizes, and to provide a calibration curve, the results from the final USUT ultrasound 
system inspection were compared with posttest stereomicroscope crack measurements.    
For accurate measurements of crack length, the USUT ultrasound system probe has to be 
positioned such that the ultrasound rays are normal to the crack.  For lap joint cracks, this 
is a challenge because the cracks originated towards the bottom of the rivet holes and did 
not propagate along the axis line of the rivet row, Figure 5.21.  Additionally, to detect 
small cracks, the inspection probe had to be manipulated to different angles to detect the 
cracks.  It must be noted that an accurate crack measurement can only be taken if the 
ultrasound waves were normal to the crack.  Thus, the accuracy of crack length 
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measurements from USUT ultrasound system images is expected to decrease with 
decreasing crack size. 
 
(a) Ideal crack orientation (b) Actual crack orientation
rivet hole 
crack 
 
Figure 5.21.  Schematic of (a) ideal crack orientations for accurate measurement using 
the USUT ultrasound system and (b) actual crack orientations found 
 
A comparison between the USUT ultrasound system and fractography crack 
measurements was accomplished by plotting the data as shown in Figure 5.22.  From the 
figure, it can be seen that the data appears as two groups, one showing linear relationship, 
and the other group showing similar USUT ultrasound system measurements for cracks 
of different sizes as measured using the stereomicroscope.  The data that does not show a 
linear relationship could be explained by the difficulties in measuring crack lengths using 
the USUT ultrasound system (as discussed above). 
When the data that show a linear relationship is considered, the correlation 
between USUT ultrasound system and fractography is very good, Figure 5.22.  It seems 
from these particular cases, that the threshold for reliable subsurface crack length 
measurement using the USUT ultrasound system cannot be determined.  In hindsight, it 
would have been helpful to document the approximate orientations of the probe when the 
inspections were conducted.  This information could then be used to determine whether 
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the apparent underestimation of some of the cracks by the USUT ultrasound system was 
caused by the ultrasonic waves not being normal to the cracks. 
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Figure 5.22.  Comparison of final crack measurements from fractography and USUT 
ultrasound system 
 
5.8. RIVET INSTALLATION QUALITY 
A study of rivet installation quality was conducted to characterize the condition of 
the installed rivets at the critical rivet row A of the lap joint.  This study was conducted 
so that the results can be compared to that of reference [5.5].  In reference [5.5], 
Ramakrishnan and Jury determined that the rivet installation along the right-hand-side of 
the airplane (S-4L) was of poor quality.  The comparisons of the rivet installation quality 
in this work and that of reference [5.5] are presented in Chapter 10.   
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The purpose of this part of the study was to investigate the conditions of selected 
rivets with respect to the presence of defects or any installation quality issues.  The 
presence of hole defects such as gouges, edge deformation as well as machining debris 
can promote crack initiation.  A sample of four representative rivets was used for this 
study; namely rivet holes A3, A13, A18, and A28.  The lap joint coupons from these four 
rivet locations were not disassembled, but were sectioned, mounted and polished as 
discussed in Chapter 3.8.  The polished samples were then etched using Keller’s reagent 
and viewed under an optical microscope as shown in Figure 5.23.  The figure shows 
images of rivets A3 and A13.  The general observation was that the rivet installation 
quality was good, with no machining debris, gouges, or skin edge deformations.  No 
cracks were found in any of the four samples.  As shown in this example, the rivet buck 
tails were also even, with no significant tilt.  
 
outboard
down
A3 A13  
 
Figure 5.23  Cross section views of A3 and A13 showing good rivet installation with no 
major defects 
 
For all the cracks that were opened-up, the methodology adapted for disassembly 
of the lap joint enabled removal of the rivet without damaging it.  The condition enabled 
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the measurement of rivet tail dimensions to determine if the rivets were installed to the 
manufacturer specifications.  Muller [5.2] determined that the rivet squeeze force 
systematically affected the crack initiation lives of riveted lap joints in that underdriven 
rivet holes had shorter fatigue lives, and vice versa. 
The maximum and minimum bucked tail heights and diameters in the hoop and 
longitudinal directions were measured to determine if the rivet was underdriven, 
overdriven, or within specifications using the specifications of Table 5.6, Ramakrishnan 
and Jury [5.5].  Ramakrishnan and Jury subdivided the above three categories into five 
categories as listed in the table.  The limits shown in Table 5.6 were used to categorize 
the rivets by considering the dimension that produced the most severe classification.  In 
this study, a total of twenty six rivets were examined to characterize the rivet tail.  These 
excluded the rivets that were drilled out at the end of Load Condition A (A5-A11, A33-
A41), those that were mounted and polished for rivet installation study (A3, A13, A18, 
and A28), and rivet A1, whose bucked tail could not be reliably measured.  The results, 
which are summarized in Table 5.7, show that the rivets were generally within 
specifications.  All the rivets were in the “within specification, lower limit” category, 
except for A29, which was marginally underdriven.  According to Muller [5.2] fatigue 
life improvement of approximately ten times were realized when the rivet head diameter 
from was increased from 1.2 to 1.75 times the rivet shank diameter. 
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Table 5.6.  Specifications used to determine rivet fit condition [5.2] 
Rivet Fit Condition Maximum Tail Height Minimum Tail Diameter 
significantly under driven h≥  0.105 in d≤  0.212 in 
marginally under driven 0.105 in > h ≥  0.092 in 0.212 in < d ≤  0.219 in 
within specification, lower limit 0.092 in > h ≥  0.085 in 0.219 in < d ≤  0.228 in 
within specification 0.085 in > h ≥  0.080 in 0.228 in < d ≤  0.238 in 
within spec, upper limit/ overdriven h < 0.080 in 0.238 in < d 
 
 
Table 5.7.  Rivet bucked tail dimensions for Panel No. 2 
Rivet Bucked Tail Diameter (in) Rivet Bucked Tail Height (in) Rivet # 
Hoop Direction Long. Direction Minimum Maximum 
A2 0.233 0.235 0.088 0.090 
A4 0.232 0.230 0.088 0.090 
A12 0.234 0.232 0.089 0.090 
A14 0.240 0.237 0.084 0.089 
A15 0.236 0.235 0.086 0.091 
A16 0.237 0.224 0.087 0.088 
A17 0.234 0.234 0.088 0.091 
A19 0.235 0.234 0.088 0.090 
A20 0.230 0.230 0.088 0.092 
A21 0.235 0.233 0.090 0.090 
A22 0.230 0.229 0.090 0.092 
A23 0.228 0.238 0.089 0.092 
A24 0.233 0.234 0.089 0.091 
A25 0.239 0.239 0.086 0.088 
A26 0.234 0.233 0.088 0.090 
A27 0.233 0.233 0.087 0.091 
A29 0.229 0.230 0.091 0.094 
A30 0.232 0.232 0.088 0.091 
A31 0.232 0.233 0.088 0.092 
A32 0.235 0.234 0.087 0.090 
A33 0.236 0.235 0.087 0.089 
A34 0.234 0.234 0.087 0.091 
A42 0.228 0.227 0.089 0.091 
A43 0.231 0.231 0.086 0.089 
A44 0.232 0.232 0.088 0.090 
A45 0.231 0.238 0.088 0.091 
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5.9. CONCLUSIONS 
• The faying surfaces were found to be heavily fretted in the vicinity of the rivet 
holes but they were other defects outside the fretted areas. 
• There was considerable subsurface fatigue cracking in all three bays in the panel 
test section.  All the subsurface fatigue cracks were located at or near the rivet 
holes along the critical rivet row, with several cracks just underneath the clad 
layer.   
• Most of the subsurface fatigue cracks had multiple origins along the faying 
surface.  Typically, the cracks initiated at the surface clad discontinuities, within a 
localized region along the faying surface.  All cracks originated towards the 
bottom of the rivet holes. 
• It appears that replacing the rivets with snug-tight loose-fit fasteners did not 
accelerate crack initiation and growth as anticipated, which suggests that other 
factors may be more dominant in causing crack initiation than rivet squeeze force. 
• The extent of subsurface fatigue cracking was characterized by determining the 
final shapes and sizes of all the cracks, and crack growth histories of selected 
cracks. A forensic analysis of the crack growth histories was also conducted, 
based on measurement of marker bands formed in the fracture surfaces as a result 
of the loading spectra. The majority of the fracture surfaces were found to be 
covered with corrosion deposits, which obscured most of the marker bands. 
• The marker bands were more distinguishable for Load Conditions C and D.  For 
Load Conditions A and B, the marker bands were very close to each other, 
indicating slow crack growth.  The marker bands were used to reconstruct crack 
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growth history and growth rates.  The crack growth rates were found to be higher 
than 10-7 inch/cycle. 
• The MFEC was found to be effective in detecting cracks of at least 0.1 inches 
length.  Correlations were also made between crack length measurements from 
the USUT ultrasound system and fractographic results.  A linear relationship 
between the two measurements could be established. 
• A study of rivet installation quality was conducted.  The observations were that 
the rivet installation quality was good, with no machining debris, gouges, or skin 
edge deformations.  The rivets were also found to be bucked to manufacturer’s 
specifications, with only one rivet being marginally underdriven. 
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CHAPTER 6: CRACK GROWTH SIMULATIONS 
 
6.1. INTRODUCTION 
To support the experimental results discussed in Chapter 4 and Chapter 5, fatigue 
cracks growth analyses were conducted.  The objective of the analyses was to simulate 
crack growth for the two different cracking scenarios, (1) subsurface fatigue crack growth 
and (2) through-the-thickness crack growth.  Subsurface fatigue crack growth was 
simulated using two different approaches, namely, the fatigue crack growth program 
AFGROW [6.1], and an empirical model developed by Eijkhout [6.2].  Through the 
thickness crack growth was also simulated using the AFGROW code.   
In this chapter, the methodologies for fatigue crack growth analysis are discussed, 
along with the predictions.  Comparisons of the experimental results and the predictions 
are also presented.  The crack growth predictions were conducted only for Panel No. 2, 
since Panel No. 1 did not experience any cracking the skin within the test section. 
6.2. SUBSURFACE FATIGUE CRACK GROWTH ANALYSIS 
The first subsurface fatigue crack growth analyses were conducted using the 
AFGROW computer code.  AFGROW (Air Force Growth) is a life predictive software 
developed by the Wright-Patterson Air Force Research Laboratory.  The code can be 
used to analyze crack initiation, fatigue crack growth, and fracture of metallic structures.  
The program has a stress intensity factor library for many crack geometries and loads, 
including tension load, bending load and bearing load.  Five different crack growth 
models are available in AFGROW, including Forman Equation, Walker Equation, and 
NASGRO Equation.  
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The analyses were first conducted following the algorithm shown in Figure 6.1.  
Finite element analyses were conducted to extract the input loads for AFGROW.  The 
loads are: (1) Tension introduced by the expansion of the fuselage due to pressurization, 
(2) Secondary bending caused by the eccentricities of the joint, and (3) Pin loading due to 
the load transfer through the rivets. 
 
Initial Crack (ai)
AFGROW
(SIF Calculation)
Pin Load
Bending Load
Tension Load
AFGROW
(Fatigure Crack Growth)
 
Figure 6.1.  Algorithm for AFGROW crack growth analysis 
 
The second subsurface crack growth analyses were conducted using Eijkhout’s 
empirical model. The model uses imperial crack growth data from fractographic 
examinations of to determine its parameters.   
6.2.1. AFGROW Crack Growth Analysis 
The complex stress fields in aircraft lap joint structures make accurate SIF 
solutions for small subsurface cracks difficult to determine.  The fatigue crack growth 
program AFGROW was used for crack growth simulations, taking advantage of the 
library of closed form and tabular SIF solutions built into the code.  The input loads 
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needed to run an AFGROW model are tension introduced by the pressurization of the 
fuselage, secondary bending caused by the eccentricities of the joint, and pin loading due 
to the load transfer through the fasteners.  The AFGROW model represents a strip of the 
lower skin at the critical rivet row A as shown in Figure 6.2.  In this study, rivet hole A21 
was used.  To analyze A21 using AFGROW, the adjacent rivet holes to A21 (A20 and 
A22) were considered to constitute the finite width boundaries as shown in Figure 6.3.  
The dimensions of the strip model were as follows: 
2w = 1.88″ 
t = 0.04″ 
d = 5/32″ 
Lower Skin
Upper Skin
AFGROW Strip Model (view a-a)
d
t
2w
Through the thickness crackRow A
Row C
Row B
A20 A21 A22
a a
 
Figure 6.2.  AFGROW strip model in relation to the lap joint 
t
2w
Rivet hole edge
d
Rivet hole edge
 
Figure 6.3.  AFGROW strip model for subsurface fatigue cracks during  
Load Condition D 
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6.2.1.1 Finite Element Analysis 
Finite element analyses were conducted to extract the input tension loads for 
AFGROW.  Although crack growth analyses were conducted only for Panel No. 2, finite 
element models were developed for both panels.  The purpose of the analyses was three 
fold: (1) to verify that the loads are being applied appropriately to the panels and validate 
the model through a comparison of test and analysis results, (2) to determine the panel 
test section (i.e. the region of uniform load), and (3) to calculate loads for use in fatigue 
crack growth analysis.   
Finite element models of the two fuselage test panels were developed using the 
MSC Patran computer software [6.3], and ABAQUS/Standard [6.4] was used to conduct 
the analyses.  The models were developed using general-purpose four-noded shell 
elements with each node having six degrees of freedom.  Boundary conditions simulating 
the loads applied during the fatigue tests were applied to the models. 
Each finite element model represents all features of the test article.  The main 
components of the models include fuselage skin, frames, stringers, stringer clips, tear 
straps, the longitudinal lap and circumferential butt joints.  A global view of the finite 
element model is shown in Figure 6.4.  The finite element models of Panel No. 1 and 
Panel No. 2 were similar at all details except for the location of the circumferential butt 
joint.  Each model consists of over 300,000 degrees of freedom.  Four-noded shell 
elements were used throughout to model the skin, frames, stringer clips, stringers, tear 
straps, and the load attachment doublers.  To simplify the global panel model, the rivet 
holes were not modeled, but the aluminum rivets that connected the substructures with 
the skin and the substructures to one another were modeled by beam elements.  The semi-
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empirical equation developed by Swift [6.5] was used to calculate the shear stiffness of 
the beams where the rivet shear stiffness is given by: 
⎟⎟⎠
⎞
⎜⎜⎝
⎛ ++
=
21
8.05
'
t
d
t
d
dEkshear                                                                            (6.1) 
 
where E' = 10.5×106 psi is the modulus of elasticity, d is the rivet diameter, and t1 and t2 
are the thickness of the two skin layers of the lap joint.  For the strain survey analysis, the 
elements used to calculate values of strain were approximately the same size and at the 
same location as the actual strain gages.  The average characteristic length of the 
elements used to calculate the strain was 0.125″. 
 
Full Assembly Skin
Substructure
Stringer
Frame
 
Figure 6.4.  Finite element model of Panel No. 2 
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The loads specified in Table 6.1 were simulated in the analyses.  Internal pressure 
was applied to the inner surfaces of the skin elements.  For the hoop, longitudinal, and 
frame loads, nodal point forces were applied at the load application points of the panels.  
Along the panel sides, 28 nodal point forces were applied in the hoop direction.  Along 
the panel ends, 16 nodal point forces were applied in the longitudinal direction.  On each 
of the twelve frame ends, nodal point forces were applied in the hoop direction.  Values 
for the hoop and longitudinal nodal point forces were the actuator load values listed in 
Table 6.1 divided by four, since each loader applied the load to the panel at four 
locations.  For the strain survey analysis, the loads were applied incrementally in a ramp 
function up to the maximum values in the table. 
 
Table 6.1.  Maximum applied loads  
Press  (psi) Hoop (lb) Frame (lb) Long (lb)
8.9 9,510 1,530 16,220
8.9 9,510 1,530 0
0 0 0 16,220
8.9 9,520 1,510 8,900
8.9 9,520 1,510 0
Load Condition B 10.24 10,910 1,800 8,500
Load Condition C 11.84 12,661 2,008 6,133
Load Condition D 13.35 14,280 2,265 6,915
Panel
Maximum Load
Load Condition
Load Condition A
Panel No 2
Load Condition APanel No. 1
 
 
At the end of each frame, stainless steel reaction links, 1" wide, 0.5" thick and 4" 
long were attached in order to prevent rigid body motion in the radial direction, as shown 
in Figure 6.5.  These reaction links were modeled as grounded springs fixed on one end, 
and provide stiffness in the radial direction.  The value of stiffness used for the grounded 
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spring elements is based on the stainless steel properties and the dimensions of the link 
by:  
( )( )( ) lb/in 000,750,3
0.4
0.15.01030 6 =×==
L
EtWklink                                       (6.2) 
where E is the modulus if elasticity, t is the thickness, w is the width and L is the 
length of the link.  To eliminate rigid body motion, two nodes at each longitudinal end 
were fixed in the hoop direction and two nodes located at each circumferential end were 
fixed in the longitudinal direction as shown in Figure 6.5. 
 
Longitudinal Load Hoop
 Loa
d Fram
e Lo
ad
Reaction 
Link Detail
Longitudinal Load
Hoop
 Load
Internal 
Pressure
Fram
e Lo
ad
Radial Spring 
(Skin)
Radial Spring 
(Frame)
Long
itudi
nal T
ransl
ation
 = 0
H
oop Translation = 0
Long
itudi
nal T
ransl
ation
 = 0
H
oop Translation = 0
 
Figure 6.5.  Finite element model boundary conditions 
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The finite element models and boundary conditions were verified by comparing 
the predicted strain results with experimental strain measurements discussed in Chapter 4 
and Appendix A.  An example contour plot of the finite element results of Panel No. 2 is 
shown in Figure 6.6.  The Figure show strain distribution in the panel skin under Load 
Condition A.  The hoop stresses at a midbay location in the test section were 13.5 ksi.  
The test section, shown by the rectangle, represents a region in the panel with uniform 
load distribution which is the area located within one frame bay from the ends and one 
stringer bay from the edges. 
Test Section
με
 
Figure 6.6.  Contour plot of hoop stresses for Panel No. 2 
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Representative baseline strain results for both panels, under simulated flight 
loading conditions (load Condition A) are shown in Figure 6.7 and Figure 6.8.  In Figure 
6.7(a), the strain results for Panel I in the hoop, 45°, and longitudinal direction, measured 
by a rosette strain gage located in a skin mid-bay for three quasi-static tests are shown.  
As shown in the figure, the strains were repeatable for all three runs.  Also shown in the 
figure is a plot of the result predicted using the finite element analysis.  The predictions 
from the analysis shown by the solid curves in the figure are in good agreement with the 
experimental data.  Additional results from strain gages measuring longitudinal strain in a 
stringer and hoop strain in a frame are shown in Figure 6.7(b). 
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Figure 6.7.  Comparisons strain gage measurements and finite element predictions for 
Panel No. 1 
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For Panel No. 2, the strains measured from a rosette gage located in the skin mid-
bay, as a function of applied pressure, are shown in Figure 6.8.  The load was applied in 
ten equal increments to the maximum values of Load Condition A.  The test was repeated 
three times.  As shown in the figure, the strains are nearly identical for all three runs.  
Also shown in the figure are plots of the predicted results represented by the solid curves.  
The predictions are in good agreement with the experimental data, validating the finite 
element analysis and confirming that the loads are being applied appropriately to the 
panel. 
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Figure 6.8.  Comparison strain gage measurements and finite element predictions for 
Panel No. 2 
 
6.2.1.2 Far-Field Tension Load 
To determine the tension and pin loads, finite element analysis of Panel No. 2 in 
the uncracked condition were conducted at the maximum loads of Load Condition C and 
Load Condition D.  Figure 6.9 show mid-plane hoop stresses from the finite element 
model at 0.5″ below the fastener holes of the critical rivet row.  These stresses in the 
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figure represent one half of the frame bay, and were taken sufficiently far (3.2 times the 
hole diameter) from the rivets to minimize the effects of the fastener point loads.  As 
expected, the maximum hoop stresses were seen at the midbay location and were 18.56 
ksi and 20.87 ksi for Load Condition C and Load Condition respectively.  This midbay 
stresses were used as tension load in running the AFGROW code.  The bypass load was 
found to be 61% of the far field stress, i.e. 39% load transfer at the critical fastener row.  
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Figure 6.9.  Mid-plane hoop stresses at 0.5″ below the rivet holes for a half bay under 
Load Condition C and Load Condition D 
 
6.2.1.3 Bearing Load 
The bearing load was also determined from the global finite element model.  A 
schematic of how the tension load is transmitted in a lap joint with two skins is shown in 
Figure 6.10.  To determine the load transmitted at the first rivet row (T1), the stresses at 
region A and region B were determined at the midplane location of the finite element 
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model.  The bypass load (region B) was found to be about 61% of the far field stress 
(region A), i.e. 39% load transfer at the critical fastener row.  This result is in agreement 
with the value that was determined from more detailed finite element analysis [6.6], and 
the approximation of a 1-D analytical load transfer model of reference [6.7].  Since the 
skin thickness, and the rivet pitch are known, the load transferred at the first rivet row can 
be converted to force for input in the AFGROW analysis.  
 
P
P
T1 T2 T3
T1 T2 T3
(A) (B) (C)  
Figure 6.10.  Load transmission between two sheets in a three-row lap joint 
 
6.2.1.4 Bending Load 
Approximation of the bending load was determined using the Hartman-Schijve 
neutral line model [6.13, 6.15].  By extending Schijve’s neutral line model to bonded 
structures, de Rijck and Fawaz [6.16] showed that a good approximation of secondary 
bending stresses is possible without labor intensive and time-consuming finite element 
calculations.  de Rijck and Fawaz [6.14] also derived analytical solutions for four 
different riveted joint types subjected to remote tension, and compared their predictions 
to experimental results.  In this section, the neutral line model for a three-rivet-row lap 
joint is discussed, and extended to include the effect of internal pressurization.  
Previously, the model had been used only for tension loaded lap joint specimen, without 
curvature and internal pressurization.  The model gives the global structural response of 
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the joint to applied loading, and is based on classical beam theory.  The model is used to 
determine in-plane and out-of-plane deflections which are then converted to bending 
stresses. 
For this analysis, the joint is divided into four separate beams as shown in Figure 
6.11, with the sheets between the fasteners behaving as beam elements with equal 
displacements and strains at the faying surfaces.  The structural response of the model is 
confined to the neutral line, making this model one-dimensional.  The expected deflected 
shape of the lap joint and the neutral line are shown in Figure 6.12 and Figure 6.13 
respectively.  By solving the system of equations that results from the analysis, the in-
plane and out-of-plane displacements for all parts of the joint (beam parts) are obtained.   
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Figure 6.11.  Nomenclature for lap-splice geometry and loads 
θ
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Figure 6.12.  Secondary bending in the lap-splice 
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Figure 6.13.  Deflection of neutral line for the lap splice 
 
The stresses in the deflected shape are determined by starting with the equilibrium 
equation as shown below. 
  0@ =∑ AM        (6.3) 
  0
2
2
=+−−− tottotbba qLLDPaMM     (6.4) 
where 4321 LLLLLtot +++= , P is the remote applied axial load, Ma and Mb are the 
moments due to clamping, and Da and Db are the reaction force due to clamping, q is the 
distributed pressure.  The equilibrium equation for the first part of the beam (i = 1) is 
derived by considering the free-body diagram of Figure 6.14 and it is:   
2
2
qxxDPwMM axax −−+=    (6.5) 
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Figure 6.14.  Free-body diagram of the first part (i = 1) of the beam  
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where x is the distance from the origin, and wx is the deflection at distance x. 
 
When Equation 6.5 is generalized to apply for all the four beam part, it becomes:  
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From the beam equation, equation 6.10 can be written as; 
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where Ei is the modulus of elasticity for the ith part of the beam, and Ii is the moment of 
inertia for the ith part of the beam.  For convenience, the above equation can the be 
written as; 
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 with  ( )ii EI
P=2α  
solving the differential Equation 6.8 for each ith beam part gives the following equation: 
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The boundary conditions for the rivet positions are then as follows [6.14]: 
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where ei is the eccentricity jump from one beam part to the other, and βi is the rivet 
rotation.  The solution of Equation 6.9 is obtained by decomposing the beam into four 
parts as shown in Figure 6.11. 
Part i = 1 
For the first beam part, equation 6.9 gives; 
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At x1=0, the displacement w1=0 and 0
0,1 1
=⎟⎠
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dw .  Applying the boundary conditions to 
equation 6.9 yields 
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Part i = 2 
Similarly, 
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Using Equation 6.10, 
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Part i = 3 
The deflection is given by, 
( ) ⎟⎟⎠
⎞
⎜⎜⎝
⎛
⎟⎟⎠
⎞
⎜⎜⎝
⎛ −++++++
++=
a
a Mq
P
xLL
P
qxLL
P
D
xBxAw
2
3
2
321321
3333333
1)(
2
)cosh()sinh(
α
αα
   (6.17) 
 
Applying the same principle as was done in Part i = 2. 
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Part i = 4 
For the last beam part, 
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Using Equation 6.10 
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At x4 = L4, the deflection, w, is equal to the misalignment ‘a’ and no rotation is allowed 
due to clamping, resulting with; 
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Equations 6.12, 6.13, 6.15, 6.16, 6.18, 6.19, and 6.21-6.24 are then solved 
simultaneously to determine the constants Ma, Da, A1, A2, A2, A4, B1, B2, B3, and B4.  The 
deflection of the neutral line is then determined by means of equation 6.19, and can 
subsequently be used to find the bending moments.  The bending moment at the critical 
rivet row, x1 = L1, is determined by moment equilibrium of the fourth beam part (i = 1) 
and is: 
   1,1 11 LDPwMM bLxbcrit −+= =      (6.25) 
The severity of bending is often presented in the form of a bending factor, k, 
which is the ratio of the nominal bending to tensile stresses. 
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where ymax is the distance between the midplane of the panel skin and the outside 
surface of the skin, I is the moment of inertia. 
In this calculation, a rivet rotation of 0.5° was assumed [6.11], and the 0.020″ 
doubler that is sandwiched between the two 0.04″ upper and lower skins was treated as a 
non-working spacer for simplicity.  The length of the model Ltot was 9.75 inches, the 
distributed pressure, q, was from the applied internal applied pressure and the tension 
load, P, was from finite element analysis. 
 
Table 6.2.  Bending factors at the midbay location 
 Load Condition C Load Condition D 
Internal Pressure 11.84 psi 13.35 psi 
Tension Load 18,566 psi 20,879 psi 
Bending Factor 0.75 0.69 
 
6.2.1.5 Stress Intensity Factors (SIF) 
In order to perform crack growth analysis, AFGROW first determines the stress 
intensity factors.  In the finite element model, the fuselage skin was modeled with shell 
elements; a simplification that has limitations.  Since shell elements are 2-D in nature, 
and the thickness of the skin is not modeled, small corner cracks at the rivet holes could 
not be modeled in the FEM.  Even in cases where the cracks were through-the-thickness, 
the modeling of rivets as beam elements was another simplification that could 
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compromise, among others, the accuracy of the secondary bending stresses expected at 
the lap joint, which will adversely affect the accuracy of the stress intensity factor (SIF) 
solutions.  When cracks are still small, the stress fields in the vicinity of the rivet holes 
and the load transfer characteristics of the joint structure have a great influence on the 
fatigue crack growth behavior.  The fatigue crack growth program AFGROW was used to 
determine the in-plane tensile mode stress intensity factor solutions; taking advantage of 
the library of closed form and tabular SIF solutions built into the code.  For fatigue 
cracking in the lower skin of the lap joint, crack growth is expected to be driven primarily 
by the in-plane stresses (mode I).  This is so because out-of plane or budging of the panel 
would be constrained by the doubler and outer skin layer of the joint.  
For diametric corner cracks becoming diametric oblique thru-cracks from a 
loaded hole, AFGROW uses the Newman and Raju [6.10] curve fit solution to 3D finite 
element results.  For cracks that have transitioned to oblique through-the-thickness 
cracks, AFGROW uses an interpolation algorithm of published stress intensity factor 
solutions, including those by Fawaz [6.12].  Figure 6.15 shows a schematic of corner 
cracks growing from a rivet hole and becoming oblique through cracks.  In lap joints, 
through-the-thickness cracks maintain an elliptical front due to large secondary bending 
stresses [6.12]. 
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Figure 6.15.  Schematic of corner cracks becoming oblique through cracks 
 
The Newman and Raju stress intensity factor equation for two symmetric quarter 
elliptical corner cracks at a hole is given below.  This solution is for mode I SIF for a 
finite plate subjected to tension and bending loads. 
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where St is the remote uniform tension stress, Hch is the bending multiplier, Sb is the 
remote bending stress on outer fiber, a is the crack depth, and Fch is the boundary 
correction factor.  The boundary correction factor accounts for the influence of 
boundaries such as function of crack depth, crack length (c), hole radius (r), plate 
thickness (t), plate width (b), and the parametric angle of the ellipse (φ).  The parameters 
a, b, c, r, and t are shown schematically in Figure 6.16.  The parameter Q is the shape 
factor for an ellipse, and is given by the following empirical expressions, [6.8]. 
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The NASGRO equation was selected as the crack growth model to calculate crack 
growth rates.  This equation, also known as the modified Forman equation, includes crack 
closure and the effect of the test environment. 
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Figure 6.16.  Schematic of showing the dimensions of two corner cracks at a hole for the 
Newman-Raju Equation 
 
6.2.1.6 NASGRO Equation 
The rate at which a fatigue crack propagates is governed by the crack tip stress 
intensity factor range.  Paris and Erdogan [6.23] discovered that if the crack growth rate 
(da/dN) versus stress intensity factor range (ΔK) were plotted on log-log scale, the data 
could be represented by a straight line, as shown in Figure 6.17.  The straight line in the 
log-log plot can be described by a power law known as the Paris equation, Equation 6.30. 
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Figure 6.17.  Typical fatigue crack growth behavior 
 
mKC
dN
da Δ=      (6.30) 
where C and m are empirically determined material constants.  It can be noticed 
from equation 6.30 that the Paris equation is not a function of the R-ratio.  However, if 
crack growth data are generated at different stress ratio, an effect of the R-ratio will be 
observed.  When test data obtained over a sufficiently wide rage are plotted on a log-log 
scale, the plot is not straight, but sigmoidal.  That is, when the crack growth rate is high, 
the data normally bends up towards the critical stress intensity factor.  This effect is also 
not accounted for by the Paris equation.  Similarly, in the lower growth rate region 
(threshold region), the growth rates drop off steeply and the crack becomes essentially 
non-propagating.  A number of researches have developed equations that model all of the 
sigmoidal da/dN – ΔK relationship.  One such equation, called the NASGRO equation, 
has found widespread use in crack growth analysis.  The different elements of this 
equation were developed by several researchers including Forman Newman, Shivakumar, 
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de Koning, and Henriksen [6.9].  The NASGRO equation was selected in the AFGROW 
analyses, and it is as follows: 
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where N is the number of fatigue cycles, R is the stress ratio, ΔK is the stress 
intensity factor range, f is the crack opening function, Kc is the fracture toughness of the 
material, ΔKth is the threshold stress intensity factor range,  and C, n, p, and q are 
empirically derived constants.  The set of constants used in the analysis are listed in Table 
6.3, and represent a lab air environment.  Since there is a faying surface sealant in the lap 
joint, it was assumed that there was no moisture at the faying surface during subsurface 
crack growth.  The initial crack lengths used in the AFGROW simulations are listed in 
Table 6.4.  These crack dimensions were used as initial conditions in the analyses.  The 
crack lengths were determined from the first marker band during Load Condition C 
(131,000 cycles). It is also worth noting that marker band reconstruction prior to Load 
Condition C was not possible, Chapter 5. 
 
Table 6.3:  The NASGRO constants used in the analyses, representing a laboratory air 
environment 
 
C n p q 
2.44E-08 2.6 0.5 1 
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Table 6.4:  Initial Crack lengths used in the crack growth simulations.  The crack 
measurements were determined from fractographic examinations, and represent crack 
growth at A21 after 131,000 cycles 
 
 Fractographic Examination 
Crack Crack Length (c) Crack Depth (a) 
A21 Fwd 0.068 in 0.021 in 
A21 Aft 0.089 in 0.024 in 
 
The crack opening function is defined as; 
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For equation 6.33, α is the plane stress/strain constraint factor, and Smax/σ0 is the 
ratio of the maximum applied stress to flow stress.  The flow stress is the average of the 
yield and ultimate strengths, and is a parameter often used for materials that exhibit strain 
hardening. The threshold stress intensity factor, ΔKth, introduced in equation 6.31 is 
approximated by the following empirical equation: 
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where ΔK0 is the threshold stress intensity factor at R = 0, Cth is an empirical 
constant, and a0 is an intrinsic crack length, which has a fixed value of 0.0015 inches. 
There is no physical significance to the a0 parameter, but provides a good fit to 
experimental data [6.9]. 
Separate AFGROW analyses were conducted for Load Condition A and Load 
Condition B.  The crack lengths listed in Table 6.4 were used as initial conditions in the 
Load Condition C analyses.  The final crack lengths of the Load Condition C analyses 
were then used as initial conditions in the Load Condition D.  In the AFGROW analyses, 
the simulated cracks for both A21 fwd and A21 aft transitioned from corner cracks to 
through-the thickness cracks, shown by the schematic of Figure 6.18.  However, from the 
experimental results, these cracks had remained subsurface throughout the test.  This 
difference results in higher stress intensity factors solutions from AFGROW, and the 
associated faster crack growth. 
c2r
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ct
 
Figure 6.18.  Crack dimensions after transition from corner crack to  
through-the thickness crack 
 
The experimental crack growth data and the analysis predictions are compared in 
Figure 6.19.  The analyses were conducted starting with initial crack lengths at the 
beginning of Load Condition C as determined from the marker bands.  As seen from the 
figure, the analysis overpredicted the rate of crack growth for both cracks.  The error in 
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the predictions can mostly be attributed to the lack of appropriate stress intensity factor 
solutions.  After initially propagating as subsurface cracks during the AFGROW analyses 
of Load Condition C, the cracks transition and become through-the-thickness, resulting in 
oblique through cracks, while the actual cracks during the test had remained subsurface.  
This leads to larger stress intensity factor solutions in the analyses, resulting in faster 
cracks growth rates.  This may be a result of the multiple initiation phenomenon along the 
faying surface, which is not taken into account in the analysis.  A change in slope of the 
crack growth prediction curved is seen at 135,000 cycles, due to the change in fatigue test 
loads to Load Condition D (13.35 psi). 
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Figure 6.19.  Crack growth comparison between test and cycle by cycle analysis results, 
with the simulations predicting slower crack growth 
 
6.2.2. Crack Growth Analysis by Eijkhout’s Model 
Because of the complex stress fields associated with multiple crack initiation 
locations in aircraft lap joint structures, accurate stress intensity factor solutions for the 
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small cracks are difficult to determine.  This renders the usefulness of the stress intensity 
approach to simulate crack growth a difficult undertaking, as demonstrated in section 
6.2.1.  To circumvent this limitation, Eijkhout’s empirical model was used to simulate 
subsurface crack growth.  Eijkhout’s model is an empirical model used to estimate early 
multiple-site-damage (MSD) fatigue behavior of lap joint cracks.  The model is empirical 
in that it uses data from fractography examinations of the cracks for determination of its 
parameters.  Since the model is empirical, the model parameters need to be determined 
for each type of lap splice geometry and applied loading, thereby assuring that the model 
captures actual crack growth behavior.  Based on the observations made on the 
fractographic examinations of full-scale fuselage lap joints in their work, Wanhill and 
Koolloos [6.2] advocated for further investigation of Eijkhout’s model.  Wanhill, 
Hattenberg, and van der Hoeven [6.22] used the model to extrapolate fractographic data 
to obtain estimates of fatigue initiation lives. 
The model is based on three empirical observations:  (1) MSD fatigue cracks tend 
to initiate at several sites near or at rivet hole corners.  (2) Nearly constant transverse 
(through-the-thickness) crack growth rates, and (3) Transverse and longitudinal crack 
growth rates are similar at the beginning of crack growth.   This model can be used for 
estimating fatigue initiation lives, fatigue crack growth lives, and crack growth lives at 
which cracks become through-the thickness.  A schematic of the model is shown in 
Figure 6.20, where ci is the initiation length, cf is the final crack length, A and B are 
empirical constants, and da/dN and dc/dN are crack growth rates in the transverse and 
longitudinal directions respectively. 
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Figure 6.20.  Eijkhout’s empirical model for fatigue behavior of fuselage lap splices 
(reproduced from [6.2]) 
 
 
Eijkhout’s model is based on three basic assumptions: 
(1)  A constant crack growth rate in the transverse (thickness) direction, in general 
equal to the initial crack growth rate in the longitudinal direction 
iBcAe
dN
da =      (6.35) 
(2)  The crack depth a is zero at the initiation length, ci. 
(3)  Quarter-circular crack fronts in the transition from transverse to longitudinal 
crack growth. 
The crack growth rate in the longitudinal direction is assumed to be then;  
BcAe
dN
dc =      (6.36) 
where c is the crack length in the longitudinal direction.  Integrating both side of 
Equation (6.36) 
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For given values of N, the intermediate values of crack lengths in the longitudinal 
and transverse direction can be calculated using equation 6.39 and equation 6.40 
respectively. 
[ ])(ln1 intint iBc NNABeBc i −−−= −    (6.39) 
iBc
i AeNNa )( intint −=      (6.40) 
where Nf and Ni are the initial and final number of cycles respectively, cint and aint 
are the intermediate crack sizes in the longitudinal direction and in the transverse 
direction.  The values of da/dN and dc/dN for equations 6.35 and 6.36 are determined 
from fractography data.  The two are then solved simultaneously to determine the 
empirical constants, A and B.  Equation 6.38 to 6.40 can then be used to determine crack 
growth behavior. 
The crack A21 aft was used to determine the crack growth rates in the 
longitudinal and transverse directions (dc/dN and da/dN).  The initiation length, ci was 
taken to be the entire crack growth region prior to Load Condition C because the 
reconstruction of marker bands for crack growth prior to Load Condition C was difficult 
and not accomplished.  Thus, for A21 aft, the initiation length was 0.087 in.  With a 
dc/dN of 1.23 E-6 in/cycle and initial da/dN of 2.2 E-6 in/cycle, Equations 6.35 and 6.36 
were solved for A and B.  With these results, Equation 6.36 can be written in the form of 
equation 6.41. 
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Using Equation 6.39, yields: 
 
( )[ ]ic NNEec i −−+−= − int14.58int 728.4ln0172.0   (6.42) 
 
where Ni initiation number of cycles (131,000 at first marker band of Load 
Condition C), ci is the initial crack length, Nint is the number of the cycles where the crack 
length is to be determined, and cint is the corresponding crack length. is the crack length 
in the longitudinal direction, a is the crack length in the transverse direction, and N is the 
number of cycles.  The crack growth predictions using this model are shown in Figure 
6.21. 
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Figure 6.21.  Crack growth prediction using Eijkhout’s model compared with test data.  
The analytical Predictions were slightly slower than the experimental measurements 
 
The analytical results of Figure 6.21 are slightly slower than the test data, but in 
general compare well.  It must be noted that after the transition to Load Condition D 
(135,000 cycles), only two marker bands were included in the load spectrum, Chapter 3.  
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The resolution of these two marker bands did not allow crack lengths in the thickness 
direction in order to recalibrate the model.  Thus, no crack growth simulations were 
conducted for Load Condition D. 
The comparisons of subsurface crack growth predictions using AFGROW and 
Eijkhout’s empirical model are shown in Figure 6.22.  Eijkhout’s model did a much 
better job predicting crack growth than AFGROW analysis.  This is due to the fact that 
Eijkhout’s model is empirical in that its parameters are determined from fractographic 
data.  AFGROW analysis on the other hand, relies on SIF solutions, which are difficult to 
estimate for a lap joint structure with multiple initiation locations along the faying 
surface.  In this case, the initial cracks were assumed to be quarter elliptical corner 
cracks, a simplification that affects the prediction results. 
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Figure 6.22.  Subsurface crack growth comparison between fractography measurements, 
AFGROW analysis, and predictions using Eijkhout’s model 
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6.3. THOUGH-THE-THICKNESS CRACK GROWTH PREDICTIONS 
Crack growth analysis was conducted to simulate the growth of through-the-
thickness cracks in Bay 3.  Although crack extension from the artificial notches at rivet 
A40 in Bay 3 was first visually detected after 133,000 cycles during Load Condition C, 
the crack growth rates were very slow.  Crack extension measurements from visual 
inspections were also difficult.  Initial crack growth in Bay 3 occurred at rivet A40 from 
the notch tips, followed by rivet A38, and finally A36, with the cracks at A40 growing 
faster than at rivet A38.  This resulted in crack linkup with rivet A41 after 141,235 
cycles.  In general, longitudinal crack extension at A36, A38, and A40 was symmetric 
and collinear, and the cracks grew normal to the hoop direction.  Photographs of the 
initial crack extension from the notch-tips of rivet hole A40 under fatigue loading during 
Load Condition D are shown in Figure 6.23.  Crack growth analysis of the two cracks at 
rivet hole A40 during Load Condition D were conducted up to linkup with adjacent 
rivets.  
The crack growth predictions for the though-the-thickness crack growth in Bay 3 
(A40) followed similar AFGROW approach used for subsurface cracks discussed in 
section 6.2.1, with the following variations: 
• NASGRO parameters representing a distilled water environment were selected.  
This is due to the fact that the cracks were through-the-thickness, and since the 
inner skin in contact with the water (pressurization media), the fracture surfaces 
were also in contact with the water.  The NASGRO parameters are listed in Table 
6.5. 
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• The AFGROW crack geometry selected was that of double straight through-the-
thickness cracks as shown in Figure 6.24.  Since the cracks are through-the-
thickness and significantly longer, the effects of the crack front shape on the stress 
intensity factors is not as critical as in the case of small subsurface cracks. 
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Figure 6.23.  Crack growth at rivet A40 during fatigue loading 
 
Table 6.5:  The NASGRO constants used in the analyses, representing a distilled water 
environment 
C n p q 
8.92E-09 3.282 0.5 1 
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Figure 6.24.  Schematic of AFGROW strip model for through the thickness cracks 
 
The crack growth measurements from the experiment are compared with the 
analytical predictions in Figure 6.25.  As seen in the figure excellent correlations were 
obtained between the analysis and predictions.  Unlike in the case of subsurface cracks, 
the NASGRO equation predicted crack growth very well because accurate SIF solutions 
for through-the-thickness cracks are available in the AFGROW library.  
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Figure 6.25.  Crack growth comparison between experimental measurements and analysis 
for the two cracks at rivet A40 
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6.4. CONCLUSIONS 
• Good agreement between analysis predictions and strain gage measurements was 
obtained for the fuselage skin and substructure for both Pane No. 1 and Panel No. 
2.  
• The predicted subsurface crack growth using the NASGRO equation was much 
faster than the experimental measurements.  This was due to the assumptions 
made in determining the stress intensity factor solutions:  corner cracks becoming 
oblique through cracks, while the actual cracks had multiple initiation location 
located along the faying surface, and were not through-the-thickness. 
• Eijkhout’s model predicted subsurface crack growth during Load Condition C 
well.  The model was not used to simulate growth during load condition D 
because of limited marker bands in the Load Condition.  Although the model has 
not found significant use in predicting lap joint fatigue cracks, it’s empirical 
nature makes it very appealing for the estimation of fatigue behavior of small 
cracks under very complex stress fields near the rivet hole. 
• Fatigue crack growth of through-the-thickness cracks at A40 using AFGROW and 
the NASGRO equation under distilled water conditions compared very well with 
experimental measurements. 
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CHAPTER 7: STRINGER CLIP CRACKING 
 
7.1. INTRODUCTION 
In both fuselage panels that were tested in this study, stringer clip cracking was a 
continuous problem during the fatigue tests.  Each panel had a total of 36 stringer clips 
that attach the stringers to the frames.  There were six stringers per frame, located at the 
intersection of the frame and the stringers. Cracks were first detected in the stringer clips 
of Panel No. 1 after 7,500 fatigue cycles and after 10,000 cycles for Panel No. 2.  The 
Airworthiness Assurance Working Group (AAWG) has also identified stringer-to-frame 
attachments as one of the structural details that are susceptible to widespread fatigue 
damage (WFD)[7.1]. 
Measurements of crack growth from the cracked stringer clips were made during 
the fatigue tests.  The clips were replaced when the cracks approached critical lengths.  
Two stringer clips were instrumented with strain gages in Panel No. 2 to help understand 
the loads experienced by the clips.  Finite element analyses were also conducted to 
investigate the fracture modes experienced by the stringer clips and to determine the 
effect of damaged clips on the distribution of loads in the panel skin.  Posttest 
fractographic examinations of the fracture surfaces were undertaken using the SEM to 
further understand the complex cracking phenomenon in the clips. 
7.2. THE STRINGER CLIP 
A stringer clip is a structural element that attaches the frame to the stringer and 
acts as the sole load transfer path between the components.  The stringer clip, shown in 
Figure 7.1, is connected to the frame with two rivets and to the stringer with four rivets 
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(two on each side).  The frames are not in contact with the fuselage skin but rather they 
“float” inside the panel.  The Stringer clips, which are made from 0.032″ thick 7075-T6 
aluminum alloy, serve as the only attachment, and therefore the only load transfer point 
between the stingers and the frames.   
 
Stringer
Stringer ClipFrame
 
Figure 7.1.  Stringer clip connects the frame to the stringer 
 
Often referred to as tie clips, stringer clips are designed to carry tensile loads 
resulting when the pressurized skin, along with stringers, displaces away from the frames.  
The stringer clips were designed so that they carry the tensile load resulting between the 
frame and the stringer, caused by the pressurization.  From the design load perspective, if 
a stringer clip is to crack or fail, it would be due to the tensile load resulting from the 
stringer (along with the skin) pulling away from the frame.  The fasteners are therefore, 
all subjected to shear loads.  As a result, the cracking scenario is expected to be as shown 
in Figure 7.2.  The cracks will most likely start at the fastener holes as a result of the high 
stress concentration and ultimately linkup, resulting in failure of the stringer clip.  
  
206
 
 
Figure 7.2.  Expected cracking scenario in stringer clips [7.2] 
 
7.3. IN-SERVICE STRINGER CLIP CRACKING HISTORY: PROBLEM 
STATEMENT 
A query of the Federal Aviation Administration (FAA) Service Difficulty Report 
(SDR) database [7.3] indicates that stringer clip cracking is a common occurrence in the 
B727 fleet.  An SDR is typically submitted to the FAA to report problems encountered 
during service, including major structural repairs for parts due to corrosion, cracks, or 
disbond.   
A case study of in-service stringer clip cracking was undertaken for a six-year 
period from January 2000 to December 2005 for the B727 aircraft.  The majority of the 
SDRs in the database were found to be from a single operator (Federal Express) with a 
large fleet of B727 aircraft.  Of the 273 reported incidents related to stringer clips, over 
71% were for cracked stringer clips while 13% were for corrosion exceeding design 
limits.  The remaining stringer clips were either reported as damaged, gouged, mis-
manufactured, broken, or missing.  The 196 SDRs for cracked stringer clips were 
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associated with 49 airplanes, with one airplane having 24 reports of cracked stringer clips 
at once.  The results of the SDR study are summarized in Table 7.1.  Although stringer 
clips are critical in load transfer between stringers and frame, some operators do not 
consider stringer clip cracking to be serious enough to report via SDR [7.2]. 
 
Table 7.1.  Summary of B727 stringer clip SDR database search results for one operator 
Defect Number of SDRs Percentage of Total Number of Clips 
Cracked 196 71.8% 206 
Corroded 35 12.8% 36 
Damaged 22 8.1% 22 
Gouged 9 3.3% 12 
Mis Mfg/drilled 6 2.2% 7 
Broken 3 1.1% 3 
Missing  1 0.4% 1 
Missing rivets 1 0.4% 1 
 
Typically, aircraft manufactures issue service bulletins to address problems 
encountered in service.  Although there is no Service Bulletin (SB) history addressing 
stringer clips on the B727 aircraft, SB 737-53-1085 addresses stringer clip cracking in the 
B737 fleet (similar fuselage design configuration to the B727) due to sonic fatigue in the 
crown of the aircraft [7.2].  The above SB covers from FS 540 to FS 727A, stringer 6L to 
6R.  Service Bulletin 737-53A1255 and Airworthiness Directive1 (AD) 2003-08-15 also 
address stringer clip cracking at the lap joint at stringer S-4 in the B737 fleet. 
A search of the SDR database turns out a large number of reported stringer clip 
cracks in the B737 fleet.  This is not surprising since the number in-service B737s is 
significantly more than that of B727s.  The FAA Aging Aircraft NDI Validation Center 
                                                 
1 Airworthiness Directives are notifications to operators by the FAA of known safety deficiencies and 
associated mandatory actions 
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(FAA-AANC) at Sandia National Laboratories found cracked stringer clips in their test-
bed B737-222 [7.5].  The aircraft, which has 46,358 flight cycles, had twenty-four 
cracked stringer clips within the SB inspection area (SB 737-53-1085) out of a total of 98 
stringer clips.  That is, 31% of the stringer clips were cracked.  Figure 7.3 shows a photo 
of one of the cracked stringer clips in the FAA-AANC aircraft. 
 
Crack
 
Figure 7.3.  Cracked stringer clip in FAA-AANC test-bed B737 [7.2] 
 
7.4. STRINGER CLIP CRACKING DURING FATIGUE TESTS 
Stringer clip cracks were first detected (visually) during a scheduled inspection 
after Panel No. 1 had undergone 7,500 fatigue cycles in the FASTER test fixture.  It 
should be pointed out that these cracks could have occurred at any previous cycles, but 
were noticed at 7,500 cycles during the scheduled inspection.  Similar cracks were 
detected in Panel No. 2 at the scheduled inspection of 10,000 fatigue cycles.  That is, the 
cycle numbers at which these cracks occurred is not known: they could have occurred at 
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any prior cycle numbers.  The cracks generally started from the clip relief radius, as 
shown in Figure 7.4, and initially propagated inboard.  Upon additional load cycles, the 
cracks turned towards the clip bend, after which the subsequent crack growth was rapid.  
The crack orientation and propagation directions shown in the figure were different from 
the anticipated cracking scenario shown in Figure 7.2.  These differences are discussed in 
Section 7.6. 
 
Cracks
Frame
Stringer
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Clip
Skin
Outboard Direction
Crack turning
Stringer clip bend  
Figure 7.4.  Typical cracking observed in stringer clips during fatigue test showing 
typical propagation of cracks in the inboard direction 
 
In Panel No. 1, a total of 13 stringer clips were found to have cracked after the 
first scheduled inspection at 7,500 cycles while 4 four stringer clips had NDI indications 
below the relief radius at typical observed crack locations.  The NDI was conducted using 
high frequency eddy-current.  The inspection instruments were similar to those used for 
low-frequency eddy current (section 3.42) except that a high frequency (300 kHz) probe 
was used in place of the sliding probe.  The uncracked stringer clips were distributed 
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randomly throughout the curved panel.  Given that a dozen stringer clips were found 
cracked all at once, it is possible that some stringer clips had cracked earlier but were not 
detected.  Twelve of the thirteen cracked stringer clips were replaced while the thirteenth 
was left in the panel and monitored for fatigue crack growth during subsequent testing.  
Figure 7.5 shows photographs of two of the twelve stringer clips after they were removed 
from the panel (after 7,500 cycles).  As seen in the figure, the cracks started from the clip 
relief radius and propagated inboard.  The cracking scenarios for all thirteen stringer clips 
were identical. 
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Figure 7.5.  Panel No. 1 stringer clips replaced at the scheduled 7,500 cycles inspection, 
showing cracks staring from the relief radius and propagating inboard 
  
211
Replacement stringer clips were fabricated from a 0.040 inch thick 2024-T3 clad 
sheet.  As shown in Figure 7.6, hi-lock fasteners were used instead of rivets to attach the 
stringer clips to the stringers and frames.  The replacement stringer clips did not have the 
relief radius present in the original clips, that is, their geometry and shape were those as 
shown in Figure 7.6.  During subsequent fatigue testing, other stringer clips cracked, as 
well as several that had been replaced at 7,500 cycles.  Figure 7.6 shows a photograph of 
the stringer clip at FS 640 and stringer S-3L at the scheduled 15,000 cycles load 
inspection.  The stringer clip had previously been replaced at 7,500 cycles (note the 
absence of the relief radius in the stringer clip), but was found to have cracked during the 
additional 7,500 cycles.  This cracking is essentially identical to that occurring in a 
similar stringer clip on a B737 airplane, Figure 7.3. 
 
Crack
Hi-lock fastener attaching 
stringer clip to frame 
 
Figure 7.6.  Cracked stringer clip at FS 640 and stringer S-3L after 15,000 cycles (Panel 
No. 1). Clip had previously been replaced at 7,500 cycles. Note the hi-lock fastener used 
instead of the original rivet. 
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To enable fatigue crack growth measurements, the stringer clips that were found 
cracked during the scheduled 7,500 load cycles inspection in Panel No.1 were not 
replaced.  However, after 33,000 fatigue cycles the stinger clip located at FS 680 and S-
2L was found to have completely fractured, Figure 7.7, and was replaced.  As seen in the 
figure, the crack that caused the ultimate fracture had turned from the initial inboard-
outboard propagation direction towards the stringer clip bend, and propagated in the 
lateral direction.  Accordingly, all subsequent cracked clips were replaced when the 
cracks turned towards the bend to prevent fracture of the clip.  
 
 
 
Figure 7.7.  Failed stringer clip at FS680 and stringer S-2L in Panel No. 1 
 
Stringer clip cracking was also a problem during the testing of Panel No. 2, with 
the first visual cracks observed in some clips at during the scheduled inspection after 
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10,000 load cycles.  The exact inspection schedules are listed in Table 3.1.  Several 
stringer clips were replaced at different points during the test as a precaution because the 
cracks had grown considerably, or when they started turning towards the stringer clip 
bend.  Two stringer clips fractured during the test.  Apparently cracks progressed very 
rapidly between to successive inspections. 
7.5. CRACK GROWTH RATES 
In both panel tests, the stringer clips were monitored for crack growth during the 
fatigue test and replaced whenever the cracks approached the clip bend, or grew closer to 
one of the fasteners that attach the clip to the frame.  In general, slow crack growth rates 
were measured for cracks growing along the inboard-outboard direction plane of the 
stringer clips.  After initially propagating in the inboard direction, the cracks tended to 
turn towards the clip bend after which the subsequent growth was rapid.  In Figure 7.8, 
selected photographs of the stringer clip located at FS 520 and stringer S-2L in Panel No. 
2 are shown at different cycle numbers during the fatigue test.  As seen in the figure, the 
crack initially started propagating downwards in the inboard direction, but later started to 
turn left towards the stringer clip bend.  The stringer clip was replaced as a precaution 
after 59,000 fatigue cycles.  Similar results were obtained for the other 35  stringer clips, 
Appendix D. 
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Figure 7.8.  Crack growth on a stinger clip at FS 520 and stringer S-2L on Panel No. 2.  
The divisions in the reference grid in the pictures are 0.05″ 
  
215
The photographs of the cracked stringer clips were processed to determine the 
crack length at every inspection point.  This was done through pixel count using the grid 
that was attached to the stringer clip as a reference.  The crack lengths were then plotted 
against the number of cycles to determine the crack growth rates.  Figure 7.9 is an 
example of such a plot, where the crack lengths versus the number of cycles for the 
stringer clip at FS 520 and stringer 2L are shown.  The crack growth rate, determined by 
means of fitting a linear regression line through the data, is 8.26x10-6 in/cycle.  In general, 
the crack growth rates for all the stringer clips in the two panels were in the same order of 
magnitude, Appendix D.  The crack growth rates were also found to be generally 
constant, and not increasing with increased crack length.  
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Figure 7.9.  Crack growth on a stringer clip at FS 520 and stringer 2L, showing constant 
crack growth rate 
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In order to determine the region where the stringer clips crack growth rates lie in 
the material property crack growth rate curve, the stringer clip crack growth were 
compared to the crack growth rate data for Al 7075-T651 data obtained by Forman et. al 
[7.7].  Such a comparison for the stringer clip at BS 520 and stringer 2L, is shown in 
Figure 7.10.  The graph shows data for three different R-ratios for 7075-T6 aluminum 
alloy.  The dashed line represents the crack growth rate for the crack on the stringer clip. 
As seen in the figure, the range of crack growth in the stringer clip was in the slow-stable 
growth region.  Based on this fact, it was concluded that cracked stringer clips will be 
allowed to remain in the panels during the fatigue test until the cracks bent towards the 
stringer clip bend.  They were replaced when the cracks turned towards the clip bend, or 
when the cracks grew closer to the rivets that attach the clip to the frame. 
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Figure 7.10.  Comparison of experimental stringer clip crack growth rates with material 
property graph of Al 7075-T651 crack growth data [7.7]  
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7.6. STRAIN GAGE RESULTS 
In order to understand the state of loading in the stringer clips, two stinger clips in 
Panel 2 were instrumented with strain gages in the regions where the cracks developed.  
The strain gages were installed in the stringer clips as shown in Figure 7.11.  On the 
inside of the clips, gages were installed in the inboard-outboard direction in order to 
measure the tensile loads, and labeled A in Figure 7.11.  Two back-to-back gages in the 
inside and outside of the stringer clips were installed in the transverse direction and are 
labeled B and C in the figure.  
To measure the strains, the panel was loaded quasi-statically in ten increments 
from minimum to maximum load (Load Condition A).  Example results from the strain 
survey test are shown in Figure 7.11.  As seen in the figure, the experimental strains of 
strain gage A change very little as the panel is loaded from minimum to maximum load.  
Hence, the gage was not in a location to measure the tensile load transfer between the 
frame and stringer as discussed earlier.  In the transverse direction, the inside of the clip 
experienced compression while the outside was under tension as seen from the results of 
strain gages B and C.  The results indicate that the cracks occurred due to bending 
fatigue.  These results suggest that the crack initiation sites probably occurred at the 
outside surface, as a result of the surface’s high tension field due to bending.  These 
findings were confirmed by scanning electron microscope forensic analysis of the 
fracture surface morphology of selected stringer clips, in section 7.8. 
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Figure 7.11.  Strain gages installed in the stringer clip at FS 560 and stringer 3L in Panel 
No. 2, showing a significant bending effect on the stringer clip and no significant tensile 
load 
 
In order to explain the fact that the stringer clip is subjected to bending, a free 
body diagram of the stringer clip is shown in Figure 7.12.  The reaction forces at the 
rivets are represented by P in the inboard-outboard direction and Q in the forward-aft 
direction.  Summing the vertical forces in Figure 7.12 (a) yiels: 
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022 =++−−=∑ DCBAvertical PPPPF    (7.1) 
If the summation of moments is considered about point C, one realizes that there 
must exist a non-zero QA or QB for equilibrium to be satisfied.  This leads to the free 
body diagram of Figure 7.12 (b).  A section of the free body diagram of view e-e is 
considered, as shown in Figure 7.12 (c).  For moment equilibrium in Figure 7.12 (c), 
there must exist an internal moment, M.  This moment will result with tension on the 
outside of the stringer clip and compression on the inside, which agrees with the strain 
gage results of Figure 7.11. 
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Figure 7.12.  Free body diagram of a stringer clip, showing (a) s side view of the stringer 
clip, (b) and inboard-outboard view, and (c) a section of the inboard-outboard view   
 
7.7. STRINGER CLIP CRACKING ANALYSIS 
To support the experimental findings, a global-local finite element analysis of the 
stringer clips was conducted.  The advantage of this approach is that model development 
and analysis efforts are simplified by breaking a problem down to manageable levels of 
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relative scale and detail.  The global models for the panels are shown in detail in Chapter 
6.  Stress and displacement fields in the stringer clips resulting from the known boundary 
conditions obtained from the global model were transferred to the local model.  The 
nodal forces and moments applied by the rivets that attach the stringer clip to the frame 
and stringer were used as boundary conditions in the local level.  A representative 
stringer clip modeled with a refined mesh is shown in Figure 7.13.  Local analysis was 
conducted on the highly refined mesh to obtain more accurate results.  
 
 
 
(a) Stringer clip from panel global model (b) Local model of stringer clip
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Figure 7.13.  Transition of global to local model.  Rivets attaching the clip to other 
substructure are represented by the six dots 
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7.7.1. Stress Intensity Factors in the Stringer Clips 
To determine the stress intensity factor (SIF) for the different modes, cracks of 
various sizes and shapes were modeled at the local level.  The cracks started from the 
relief radius at the outboard end of the stringer clip, as shown in Figure 7.14.  The stress 
intensity factors were calculated at several crack positions using the modified crack 
closure integral approach.  Positions a through c were located along the outboard 
direction plane, while position d was located normal to the outboard direction plane past 
the clip bend. 
 
a
b
c
d
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b
c
d
Failed stringer clip Simulated cracks on 
stringer clip  
Figure 7.14.  Finite element analysis of cracked stringer clip 
 
The four components of the stress intensity factor (SIF) were determined for each 
crack length.  These are: Mode-I SIF, KI, resulting from tensile load; Mode-II SIF, KII, 
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resulting from in-plane shear load; Symmetric bending mode, k1; and out-of-plane shear 
twist mode, k2.  The different stress intensity factor modes are illustrated schematically in 
Figure 7.15. 
 
KI KII
k1 k2
 
Figure 7.15.  Definition of four components of stress intensity factor 
 
7.7.1.1 Modified Crack Closure Integral (MCCI) Method 
The MCCI method [7.8, 7.9] was used to extract the components of SIF from the 
finite element analysis results.  In this method, it is assumed that the work necessary to 
close a crack a certain amount is equivalent to the amount of strain energy released to 
extend it that same amount.  The rate of work needed to close a crack is approximated 
using the local displacements and forces from the finite element results, as shown in 
Figure 7.16.  
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Figure 7.16.  Crack tip elements and nodes for computing SIF using MCCI 
 
The components of the work (Wi) done to close a crack by a length of Δa, for each 
nodal degree of freedom is given by: 
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where t is the thickness of the stringer clip, ui are the nodal displacement and 
rotation components, Fi are the nodal forces and rotations needed to close the crack 
surfaces, and i denotes the degree of freedom.  The energy released during crack 
extension, and consequently the work done to close the crack, is related to the SIFs as: 
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and 
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where, E = 10,000 ksi and ν = 0.3 are the Young’s modulus and Poison’s ratio of 
the stringer clip material (7075-T6 aluminum alloy) respectively.  An equivalent stress 
intensity factor, Keq, can be determined from the sum of the energy release rates (Gtot) for 
the four component modes.  The equivalent stress intensity factor is then: 
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or in terms of the four SIF components, 
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7.7.1.2 Stress Intensity Factor Results 
The stress intensity factors (SIF) were calculated at several crack positions a 
though d, Figure 7.13 using the MCCI method.  As shown in Figure 7.17, the SIFs were 
nearly constant for positions a through c located along outboard direction plane of the 
fuselage.  Moving from position c to position d (Figure 8.14), however, the SIFs 
increased substantially, which correlates with the subsequent rapid crack growth rate that 
was observed after the cracks turned towards the stringer clip bend, at which point the 
tensile load applied on the stringer clip dominates the crack progression.  
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Figure 7.17.  Stress intensity factors for the simulated crack lengths 
 
7.7.2. Effect of Damaged Stringer Clips 
The effect of stringer clip cracking and fracture on the global deformation of the 
panel was also investigated using finite element analysis.  The study was carried out to 
determine the effect of stringer clip cracking and fracture on the strain redistribution 
along the lap joint.  Three cases of cracked and fractured stringer clips were modeled 
along the lap joint of Panel No. 2 as shown in Figure 7.18: Case I simulating a cracked 
stringer clip at FS 520, Case II simulating a fractured stringer clip at FS 520, and Case III 
simulating two cracked stringer clips at FS 500 and FS 520 in addition to a fractured 
stringer clip at FS 520.  The analyses were also conducted for the baseline case, where all 
the stringer clips are intact.  The graph of Figure 7.18 shows the hoop strains along the 
lap joint at the faying surface of the inner skin between FS 500 and FS 240.  It is seen 
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from the Figure that the strains for Case I are identical to those of the baseline case, 
indicating that a cracked stringer clip has no significant effect on the load distribution in 
the lap joint area of stringer S-4L.  In the case of the fractured clip (Case II), an increase 
in the hoop strain is seen in Figure 8.18.  The strain results of Case III are identical to 
those of case II, indicating that while fractured stringer clips result in increased hoop 
strains at the faying surfaces, cracked stringer clips do not have any recognizable effect. 
Distance (in)
-20 -15 -10 -5 0 5 10 15 20
Hoop 
Strain (με)
1600
1800
2000
2200
2400
2600
2800
Baseline
Case A
Case B
Case C
FS-480 FS-580
S-2L
S-7L
S-4L
500 520 540 560
C
- Cracked stringer clip - Fractured stringer clipC F
FS-480 FS-580500 520 540 560
F
FS-480 FS-580500 520 540 560
C CF
Case I Case II Case III
FS 500 FS 540
Inner skin 
faying surface
Inner skin
Outer skin
A
B
C
FS 520  
Figure 7.18.  Effect of fractured and cracked stringer clips on hoop strains along row A of 
the lap joint between FS 500 and 540, showing no effect from cracked stringer clips and 
significant effect from fractured stringer clips 
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The data of Figure 7.18 are presented in another form in Figure 7.19.  The figure 
shows the percent variation of faying surface strain and bending strain in the inner skin 
between FS 500 and 540 along the lower rivet row A for case II, which were identical to 
those of Case III.  The hoop strain in the faying surface of the inner skin of the lap joint 
increased by up to 18% directly above the failed clip, Figure 7.19, while the hoop strains 
in the free surface of the inner skin decreased.  This phenomenon is a result of the lap 
joint area pillowing outboard since the stringer clip no longer restrains it.  The change in 
both the outer and inner strains of the inner skin due to a fractured clip is shown by the 
increase in bending strains by as much as 40%.  These bending strains, εb, in the inner 
skin of the lap joint were calculated from: 
                                             
2
io
b
εεε −=         (7.9) 
 
where oε  and iε  are the hoop strain in the outer and inner surfaces of the inner 
skin. 
7.8. FRACTOGRAPHIC EXAMINATION 
Fractographic examinations of the fracture surfaces of selected stringer clips were 
examined under the SEM.  The specimen cleaning procedure that was followed was 
similar to that used for the lap joint specimens, chapter 3.  Examples of the fractographic 
findings are shown in Figures 7.20 to 7.22.  As can be seen in Figure 7.20, the fracture 
surfaces were characterized by ridges and unevenness, suggesting the linkups of cracks 
that nucleated at multiple locations.  The fracture surfaces were also found to be heavily 
fretted, as shown in Figure 7.20, which was probably a result of the relative motion of the 
two adjoining fracture surfaces in the out-of-plane direction.  
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Figure 7.19.  Effect of fractured stringer clip on strains at row A of the lap joint, showing 
an increase in both the hoop strains and bending strains 
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Figure 7.20.  SEM images of the fracture surfaces of stringer clip 680-3L (35X (a) and 
80X (b)) showing multiple crack planes in the fracture surface 
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Figure 7.21.  SEM images of the fracture surfaces of stringer clip 680-3L showing a 
sheared fracture surface, suggesting out-of-plane crack opening during fatigue loading 
 
The cracks were found to have multiple origins located on the aft surface of the 
stringer clip.  The cracks evidently started as surface cracks and propagated through the 
thickness of the stringer clips.  The crack origins were mostly on the forward (outer) 
surface of the clip, although a few crack origins were seen on the aft (inner) surfaces, 
with the crack propagating from the origins on both sides towards each other through the 
thickness of the stringer clip.  Fatigue striations were found on the fracture surfaces close 
to the initiation sites as shown in Figure 7.22.  In all cases, the fatigue striations 
suggested that the cracks propagated through the thickness from initiation points along 
the stringer clip surface.  From the visual observation of cracks growth in the stringer 
clips during the tests, it was assumed that the cracks started at the relief radius and 
propagated inboard.  These fractographic findings, however, suggest that the cracks grew 
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as a result of combination of multiple crack initiation sites along the stringer clip surface, 
propagating in the thickness direction as a result of bending, discussed above.  
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Figure 7.22.  SEM images of the fracture surfaces of stringer clip 680-3L showing 
striations representing crack propagation from the outer forward surface of the stringer 
clip 
 
7.9. CONCLUSIONS 
• Service data indicates that stringer clip cracking is a common occurrence in the B-
727 fleet and aircraft of similar fuselage design. 
• The stringer cracks were similar to those seen in service.  Cracks on stringer clips 
that had no relief radius were similar to the in-service cracks found in the FAA-
AANC B-737 airplane.  
• Slow crack growth rates were measured for cracks growing along the inboard-
outboard direction plane of the stringer clips. The cracks tended to turn towards 
the clip bend after which the crack growth was rapid. 
• Strain gage results show that in the transverse direction, the inside of the clip 
experienced compression while the outside was under tension.  This bending 
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effect resulted in fatigue cracks at several initiation sites on the surfaces of the 
stringer clips, propagating in the thickness direction.  
• The stress intensity factors were nearly constant for positions for cracks 
propagating along the inboard-outboard direction plane, but increased 
substantially once the cracks turn towards the stringer clip bend, which correlated 
with the subsequent rapid crack growth rate that was observed during the test after 
the cracks turned towards the stringer clip bend.   
• Cracked stringer clips have little effect on the strains in the panel skin directly 
above the clip. 
• When a stringer clip fractures under the lap joint, the hoop strain in the faying 
surface of the inner skin layer of the lap joint directly above the failed clip 
increased by up to 18%.  However, the strains in the free surface of the inner skin 
decreased due to the failed clip.  This is caused by the lap joint area pillowing 
outboard under internal pressure as a result of the unavailability of the stringer 
clip to constrain the displacement.  A fractured stringer clip results in a significant 
increase in the bending strains in the inner skin of the lap joint by up to 40%. 
• From fractography results it was determined that the cracks in the clips had 
multiple surface origins, and propagated due to reverse bending fatigue.  Fatigue 
crack striations were found starting from the crack initiation sites and showing 
crack growth in the thickness direction.  The fractographic results agree with the 
strain gage results, which showed that the stringer clips were subjected to bending 
fatigue. 
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CHAPTER 8: SUMMARY OF LAP JOINT FINDINGS ALONG STRINGER S-4R 
 
8.1. INTRODUCTION 
Destructive evaluation and damage characterization of the right hand side of the 
aircraft, along stringer S-4R, was accomplished by Delta Air Lines (DAL).  The main 
objective of the DAL teardown effort was to investigate and document the state of 
damage in the lap joint resulting from service when the airplane was retired at one design 
service goal (59,497 flights).  This work has been published in several conference 
proceedings and Federal Aviation Administration (FAA) reports, references [8.1 to 8.16].  
A brief summary is also provided by Bakuckas et al. [8.18].  For completeness, and in 
order to compare to the results of this study, which focused on S-4L, the DAL work is 
summarized in this chapter.  The comparison of the results from the lap joints along 
stringers S-4L and S-4R is provided in Chapter 10. The focus structure was the right hand 
crown lap joint forward of the wing, along stringer S-4R, between FS 460 – FS 740.  
Nondestructive inspections were conducted prior to the teardown, revealing over 150 
damage indications in the target lap joint.  The destructive examination work involved 
over 200 fastener holes, with over 400 cracks found and documented.  
8.2. NONDESTRUCTIVE INSPECTIONS 
Prior to removing the panels from the aircraft, a field inspection was performed to 
catalog the condition of the aircraft and target structure.  Detailed visual inspections and 
nondestructive inspections (NDI) were conducted using internal mid-frequency eddy 
current (MFEC) and external low-frequency eddy current (LFEC) per standard industry 
practices, original equipment manufactures (OEM) specifications, mandated service 
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bulletins, and airworthiness directives [8.10].  Field inspections were conducted at the 
aircraft storage site in Victorville, CA, in November, 2002.  The relevant panels were 
then removed from the aircraft and shipped to DAL’s facility in Atlanta, GA, where the 
inspections were repeated in a lab environment (pre-teardown inspection).  The purpose 
of conducting the lab pre-teardown inspections was to compare field and lab environment 
inspections, and to conduct inspections using emerging inspection techniques that were 
not utilized during the field inspections.  Panels were removed from the crown, and 
consisted of longitudinal lap joints, as discussed in Chapter 2.  Details of the removal 
procedure for the panels are available in [8.14] and a description of the panels examined 
along the results are contained in [8.1].  At DAL’s facility, the capabilities of selected 
NDI methods to detect and characterize damage was assessed, using a total of twenty 
different NDI techniques. Details of this work are contained in reference [8.10] 
There were a large number of NDI crack indications in the lap joint along stringer 
S-4R, while there were few crack indications on the opposite side of the aircraft along 
stringer S-4L (which was the focus of this study).  Figure 8.1 shows the location of the 
bays with crack indications on the aircraft.  The NDI results from both the field and pre-
teardown inspections are summarized in Table 8.1.  The table lists the number of 
fasteners with crack indications detected by three conventional NDI methods: detailed 
visual inspection (DVI), MFEC, and LFEC.  Based on these results, the panels with the 
fewest crack indications were designated for extended fatigue testing, at the FASTER 
facility (which was the focus of this study) while those along stringer S-4R were 
designated for destructive evaluation, at DAL.  It was expected that a significant number 
  
234
of undetected micro-cracks could exist along S-4L since it was geometrically similar to 
S-4R. 
 
S4-L
S4-R
FS-480 FS-740 FS-990 FS-1090
Bays with NDI indications 
 
Figure 8.1.  Schematic showing the regions along S-4L and S-4R that had MFEC crack 
indications 
 
 
Crack information obtained in the teardown inspection was used to assess 20 
different NDI methods for readiness and use at airline maintenance, repair, and overhaul 
(MRO) facilities to detect multiple-site damage (MSD) in built-up fuselage joints.  The 
methods evaluated are listed in Table 8.2 and details are reported in [8.10].  This included 
three standard methods currently used in the commercial aviation industry for the 
inspection of lap joints, represented by the shaded lines in Table 8.2.  The remaining 
emerging techniques were also examined, representing technologies in various stages of 
development.  All the methods listed in Table 8.2 are external inspection techniques 
except for the medium-frequency eddy current and detailed visual inspections. 
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Table 8.1.  Field and Pre-teardown inspection results on the lower rivet row of the lap 
joint [8.10] 
 
Stringer/Stations MFEC LFEC DVI MFEC LFEC DVI
4L/380-400 0 0 0 2 0 0
4L/400-420 4 0 2 6 0 2
4L/420-440 5 0 2 5 0 2
4R/420-440 1 0 0 1 0 0
4R/440-460 1 0 0 1 0 0
4R/480-500 1 1 0 0 1 0
4R/500-520 3 0 1 7 0 1
4R/520-540 8 4 6 8 4 6
4R/540-560 12 1 10 11 2 10
4R/560-580 6 0 1 12 0 1
4R/580-600 10 0 0 13 0 0
4R/600-620 5 2 3 4 2 0
4R/620-640 5 0 5 6 0 5
4R/640-660 0 0 0 2 0 0
4R/660-680 4 1 0 2 0 0
4R/680-700 1 1 0 1 0 0
4R/700-720 6 0 0 8 0 0
4R/720-720A 9 2 3 9 3 3
4R/720A-720B 8 1 0 8 1 0
4R/720B-720C 13 4 0 14 5 0
4R/720C-720D 4 1 0 5 1 0
4R/720D-720E 3 0 1 3 0 2
4R/720E/720F 0 0 0 1 0 0
4L/950C-950D 0 0 0 2 0 0
Total 109 18 34 131 19 32
Field Inspections Pre-teardown Inspections
 
 
The NDI methods were analyzed according to four categories:  “sensitivity”, 
“ease-of-use”, “speed”, and “fieldability”.  The “sensitivity” category was based upon the 
probability of detection (PoD), which was determined by comparing the results of each 
NDI method with the actual crack data from the teardown inspection.  The “ease-of-use”, 
“speed”, and “fieldability” categories were evaluated from observations of personnel 
qualified to a Level III, as classified by the American Society for Nondestructive Testing 
and by active airline inspectors (i.e., the real end-users of such techniques).  The “ease-
of-use” category evaluates the ease of the calibration and use of the software required for 
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an actual NDI inspector to interpret the results.  The “speed” category includes the time 
to complete the initial scanning and the final data analysis, if separate from the 
inspection.  Finally, the “fieldability” category evaluates the portability of the inspection, 
as well as the projected durability to operate the equipment in the airline hangar 
environment (i.e., weight, wires, connections, “drop-ability,” etc.).  The results of the 
rankings are summarized in Table 8.1. Each technique was awarded from 1-20 points, 
with 20 indicting that the technique performed very well.  Several techniques proved 
acceptable for immediate implementation at MRO facilities.  Other techniques 
demonstrated the required sensitivity for subsurface crack detection and are potential 
implementation candidates following an improvement in logistics.  None of the external 
techniques provided better sensitivity than internal MFEC. 
 
Table 8.2.  NDI assessment [8.18] 
 
Sensitivity Ease-of-Use Speed Fieldability
Array Eddy Current 6 7 10 4
Automated Couplant Ejection System 7 4 2 5
Conventional Film Radiography - 6 4 2
C-Scan Eddy Current 8 5 4 2
Detailed Visual (Internal) 10 8 7 10
Digital Radiography 16 6 6 5
Eddyscan - 7 6 5
Giant Magnetoresistive Sensor (GMR) 17 7 6 5
High-Frequency Linear Array Ultrasonics - 7 7 8
Low-Frequency Eddy Current 11 8 10 10
Magneto Optical Imaging (MOI) 13 9 9 10
MAUS Rasterscan 12 6 4 7
MAUS Rotoscan 9 6 3 5
Meandering Winding Magnetometer 19 6 2 5
Medium-Frequency Eddy Current (MFEC) 20 8 5 10
Remote Field Eddy Current 18 3 4 4
Rivet Check 14 7 6 7
Structural Anomaly Mapping - 1 1 1
Trescan - 4 4 4
Turbo-Magneto Optical Imaging (T-MOI) 15 9 9 10
RatingsNDI Methods
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8.3. DESTRUCTIVE EVALUATION OF LAP JOINT  
The lap joint from stringer S-4R, between FS 460 and FS 740, was destructively 
examined to determine the state of damage of the critical row of rivet holes in the joint at 
one design service goal (DSG).  A systematic teardown process [8.1] was used to 
characterize the condition of the fuselage lap joint using optical and electron microscopy.  
A schematic of the area of the aircraft that was evaluated is shown in Figure 8.2.  From 
the NDI, section 8.2, the structure between FS 380 to FS 920D, along stringer S-4R, was 
found to have 131 fastener holes with NDI indications.  The destructive evaluation effort 
investigated and detailed the extent of fatigue cracking, corrosion, and other structural 
anomalies at the lap joint, with particular attention to the lower rivet row.  The major 
results from this work are summarized in references [8.1] to [8.9] and are highlighted 
below. 
Extensive cracking was found at the lower rivet row, in the lower skin.  The 
cracks were opened to expose the fracture surfaces and documented. For select cracks, 
striation measurements were conducted under a scanning microscope to reconstruct crack 
growth histories. 
It was found that the crack sizes within the frame bays did not follow the expected 
stress levels at each of the holes.  From the stress level perspective, it was expected that 
the rivet holes located at the mid-bay would have longer cracks (due to higher stresses) 
than the rivet holes near the tear straps (frames).  That is, the distribution of MSD cracks 
in a bay did not always correlate to the stress distributions.   
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Figure 8.2.  Schematic showing the location of the lap joint that was destructively 
examined 
 
Every bay evaluated had at least two holes that had three or more cracks, with 
some having five to eight cracks in a half starburst pattern.  The relative frequency of 
occurrence of the cracks around the rivet holes is shown schematically in Figure 8.3.  The 
tangential lines around the rivet hole schematic represent the relative frequency of 
occurrence of the cracks.  All the cracks were within the lower 2400 around the hole 
circumference, with most cracks between -200 to -800 in either the forward or aft side of 
the hole, Figure 8.3.  None of the examined bays exhibited the typical MSD damage 
scenario of one or two cracks per hole at the 0o aft and forward positions, 
 
  
239
FWD+0
-30o
-60o
-90o
AFT+0o
-60o
-30o
+30o
UP
AFT
 
Figure 8.3.  Relative frequency of crack occurrence locations around the fastener hole 
circumference (reproduced from reference 8.1) 
 
8.4. DAMAGE CHARACTERIZATION 
The state of damage in the lap joint was characterized by measuring crack lengths, 
shapes, and distributions.  Crack initiation sources and sites were also studied, and the 
crack growth histories were reconstructed.  The majority of the cracks were found in the 
inner skin at the lower rivet row.  The damage characterization included a total of over 
422 cracks that were found at 192 fastener holes within 18 bays (FS 460 – 720E).  Only 
292 of the 422 cracks were opened to expose the fracture surfaces.  The longest crack 
found was 0.259″, with approximately 40% of the cracks less than 0.05″ in length.  Most 
of the fastener holes had more than two cracks, with some having up to nine cracks 
emanating from the hole.  The cracks generally originated at the corner of the hole and at 
the faying surface, and later formed continuous cracks. 
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8.4.1. In-Situ Inboard Surface Examination 
The first step in the damage characterization process involved examinations of the 
free surface of the inner skin.  Stereomicroscope examinations of these surfaces at the 
lower rivet row revealed several visible cracks.  However, many of these cracks remained 
subsurface, not visible on the exposed inboard surface.  Figure 8.4 shows an image of a 
rivet tail at the free surface of the lower skin, showing two visible cracks.  Such cracks 
were generally observed around the lower half of the rivet hole.  It was observed that 
some of the rivets tails were also significantly tilted as shown in Figure 8.5 
 
 
Figure 8.4.  Image showing rivet tail at the inboard surface showing visible cracks [8.1] 
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Figure 8.5.  Driven rivet tail showing significant tilt [8.1] 
 
8.4.2. Crack Findings 
The fasteners were removed from the lap joint, followed by faying surface 
exposure using the methodology described in reference [8.1].  Removal of the sealant 
from the faying surface enabled examination of the cracks under the steromicroscope.  
Figure 8.6 shows an image of a faying surface after separation of inner and outer skins 
and removal of faying surface sealant.  This example shows that the inner skin had four 
cracks as identified in the figure.  All holes having MFEC crack indications were 
confirmed to have cracks after the lap joint was disassembled.  In addition to cracks, the 
faying surfaces of the inner skin were in general found to have defects such as gouges, 
scratches, edge deformation, and fretting as shown in Figure 8.6 and 8.7.  Some of the 
cracks initiated at these defects while others did not.  A large majority of the holes 
examined had a helical groove in the hole surfaces near the faying surface edge as shown 
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in Figure 8.8.  The helical groove was possibly caused by the drill bit during the 
manufacture of the lap joint. 
 
 
Figure 8.6.  Stereomicroscope image of the faying surface after separation of upper and 
lower skins and removal of faying surface sealant [8.1], showing multiple cracks and 
faying surface defects 
 
 
Figure 8.7.  Stereomicroscope image of the faying surface after separation of upper and 
lower skins and removal of faying surface sealant [8.1], showing faying surface defects 
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Figure 8.8.  Tilted view of lower skin hole and faying surface [8.1] showing a helical 
groove on the hole surface  
 
The two largest cracks at each hole typically propagated in the forward-aft 
direction (normal to the hoop stress), while other additional cracks propagated in the 
hoop direction.  The samples were opened, examined, and the subsurface cracks were 
measured under a stereomicroscope.  An example of a typical crack is shown in Figure 
8.9 and Figure 8.10.  All the subsurface cracks were semi-elliptical in shape as shown in 
the figures, and most had not yet become though-thickness cracks.  Some cracks had 
barely just broken through the thickness or were just below the clad layer.  The opened 
cracks were examined under a scanning electron microscope to locate the crack origins.  
The cracks were generally clean had only light oxidation products that were removed by 
chemical cleaning.  The subsurface cracks generally had multiple origins as exemplified 
by Figure 8.10.  In general, crack origins were seen primarily at the faying surface, rivet 
hole surfaces, and rivet hole corners.  The hole surface cracks were often at a helical 
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gouge or otherwise deformed edge.  Several of the cracks had multiple faying surface 
origins. 
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Figure 8.9.  Stereomicrograph of typical opened crack [8.1] showing a subsurface crack 
tunneling under the clad layer 
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Figure 8.10.  Stereomicrograph showing multiple subsurface cracks and multiple cracks 
origins [8.1] 
 
8.4.3. Crack Growth Reconstruction 
The cracks were examined under the scanning electron microscope for fatigue 
striations on the crack fracture surfaces.  Fatigue striations are remnants of individual 
flight cycles during the service life of the airplane, and are characteristic of the growth of 
a fatigue crack in a ductile material.  Examples of fatigue striations that were seen are 
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shown in Figure 8.11.  To reconstruct crack growth history, the spacing between the 
striations were measured and plotted as a function of crack length.  In cases where the 
origins of crack initiation sites were significantly far away from each other, different 
striation count paths were considered depending upon the orientation of the striations, as 
shown in Figure 8.12. 
 
Figure 8.11.  SEM micrographs showing fatigue striations [8.1] 
 
striation count 
paths
 
Figure 8.12.  Fracture surface showing striation count paths at multiple origins [8.1] 
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Plots of crack growth rates versus crack length were generated as shown in the 
example of Figure 8.13.  The figure represents the rate of crack growth per fuselage 
pressurization as a function of crack length.  The average striation spacing was made 
from two measurements made at varying distances from the crack origin.  To determine 
the crack growth rate, the distance spanned by several striations at a specific distance 
from the crack origin was measured.  This distance was then divided by the number of 
striations to determine the crack growth rate (in/cycles).  Crack growth rate 
measurements were repeated at a few adjacent locations to get an average, before moving 
on to the next crack length.  The crack growth rates, measured from striation spacing 
were generally of the order of 3x10-6 to 1x10-5 in/cycle. 
Using point-by-point integration, the crack length as a function of the number of 
cycles was generated, as shown in Figure 8.14.  The crack growth data (Figure 8.13) was 
used to generate the crack length versus number of cycles graph.  The crack growth was 
determined by assuming that the crack growth rate between two adjacent points in Figure 
8.13 is equivalent to the average of the crack growth rates at the two points.  The 
reciprocal of the average crack growth rates between any two points in Figure 8.13 were 
then multiplied by the measured distances between the two points to determine the 
number of cycles between the two points.  Performing this exercise using all points in 
Figure 8.13 yielded crack length as a function of the number of flight cycles as plotted in 
Figure 8.14. 
To generate a graph of crack growth history in terms of aircraft flight circles, 
Figure 8.15, the data were shifted so that the last data points coincided with the number 
of flight cycles when the aircraft was retired after 59,497 flight cycles.  The earliest crack 
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growth was estimated to have occurred between 18,000 and 20,000 flights.  It was also 
observed that the cracks had initiated and grew in a random fashion, owing to the random 
nature of both crack initiation and crack growth.  It was found however, that cracks of 
similar sizes appeared to have initiated at about the same time. 
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Figure 8.13.  Example of crack growth history reconstruction showing almost constant 
crack growth rate (data from reference [8.18]) 
 
8.4.4. Defect Characterization and Rivet Installation 
The observation of the defects in the vicinity of the hole and faying surfaces 
provided motivation to explore whether there exist a correlation between the existence 
and severity of the defects and the state of cracking.  The effect of rivet installation 
quality was also evaluated in terms of the hole drilling and rivet installation process to 
determine their contribution to fatigue crack initiation. 
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Figure 8.14.  Reconstruction of crack growth history.  The fatigue cracks propagated for 
about 20,000 flight cycles before the aircraft was retired (data from reference [8.18]) 
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Figure 8.15.  Reconstruction of crack length as a function of flight cycles, showing 
fatigue crack growth after about 40,000 flight cycles (data from reference [8.18]) 
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To identify possible drivers for fatigue crack initiation, a relationship between 
hole defects and skin cracking was investigated.  This was accomplished by assigning a 
numeric value to the relative severity of each of the characterized defects.  The defects 
included, fretting/galling, edge deformation, faying surface defects, and hole quality.  A 
unified defect parameter was defined as the product of each of the quantified ratings for 
the defects.  In general, correlation between the defects and the extent of cracking did not 
reveal any dependence of cracking on the severity of the defects. 
The rivet buck-tail dimensions were measured for each rivet along the lower rivet 
row and compared to Boeing specifications for rivet installation to determine if the rivets 
were underdriven or overdriven.  The limits used to characterize the rivet tails are shown 
in Table 8.3.  In general, the rivets were characterized as overdriven, within specification, 
or overdriven.  For each rivet, the diameters in the hoop and forward-aft directions were 
measured and the maximum and minimum tail heights were also determined.  The tail 
measurements that represent the more severe rivet fit condition were used to categorize 
each rivet.  
Table 8.3.  Rivet tail dimension categorization [8.1] 
Rivet Fit Condition Maximum Tail Height Minimum Tail Diameter 
Significantly under driven 
 
Height ≥  0.105 in Diameter ≤  0.212 in 
Marginally under driven 0.105 in > height ≥  0.092 
in 
0.212 in < diameter ≤  
0.219 in 
Within specification, lower 
limit 
0.092 in > height ≥  0.085 
in 
0.219 in < diameter ≤  
0.228 in 
Within specification 0.085 in > height ≥  0.080 
in 
0.228 in <diameter≤  0.238 
in 
Within specification, upper 
limit or over driven 
height < 0.080 in 0.238 in < diameter 
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Combining the results for all the rivets at the lower rivet row that were studied 
indicates that the majority of the rivets were underdriven.  The results, presented in Table 
8.4, show that about 56% of the rivets at the lower rivet row were underdriven.  It was 
also found that 43% of the rivet tails were within specification while only 2% were 
overdriven.  Disassembly of the joint revealed a slight dependence of the presence of 
cracks on the condition of rivet.  For the underdriven rivets, 80% of the rivet holes had 
cracks, while for the overdriven rivets, only 33% of the rivet holes had cracks.  It was 
presumed in overdriving the rivets, beneficial residual stresses in the skin were 
introduced. 
Table 8.4.  Condition of lower rivet tails at the lower rivet row [8.1] 
Rivet Fit Condition Percentage of Rivet Holes 
Significantly under driven 22.9 % 
Marginally under driven 33.8 % 
Within specification, lower limit 30.9 % 
Within specification 11.4 % 
Within specification, upper limit/over driven 1.9 % 
 
Although a relationship between underdriven rivets and cracks was observed, no 
correlation could be established between crack length and the rivet fit condition.  It was 
observed, however, that cracks at holes with overdriven rivets were generally smaller 
than cracks near the other holes. 
Photographs in Figure 8.16 show representative characteristics associated with 
rivet installation.  Installed were taken from the lap joint and sectioned, mounted, and 
polished, Figure 8.16a.  Rivets were also removed to study the rivet shank deformation, 
Figure 8.16b, and to examine the rivet hole quality, Figure 8.16c.  As shown in Figure 
8.16a , drill debris permanently lodged in a separation between the bonded doubler and 
  
251
the lower inner skin, possibly caused local fretting damage in the skin.  Also seen in 
8.16a is that the expansion of the rivet was not uniform through the depth of the hole.  
This appeared to be partly due to hole misalignment and the hole in the inner skin being 
of a smaller diameter than the hole in the outer skin layers. 
Many holes surfaces exhibited a spiral gouge or circumferential flaw in the lower 
skin hole towards the faying surface.  Corresponding spiral gouges were seen on the rivet 
surfaces as shown in Figure 8.16b and Figure 8.16c.  Figure 8.16c is a higher 
magnification photograph of the spiral gouge on the rivet shank in Figure 8.16b.  It can 
be seen in Figure 8.16c that in addition to the gouge, the rivet shank surface also had a 
crack that probably originated from the gouge. 
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Figure 8.16:  Rivet installation quality characteristics: (a) Section cut through installed 
rivet showing a gouge and debris around the rivet hole, (b) Photograph of a rivet showing 
rivet deformation in spiral gouge, (c) High magnification photographs of spiral gouge on 
rivet shank. There is a crack in the rivet shank, starting at the spiral gouge [8.18] 
  
252
Further studies were carried out to quantify the hole and faying surface quality 
and to define and locate possible drivers for fatigue crack initiation.  The photographs in 
Figure 8.17 illustrate the application of a qualitative rating developed in [8.1] for hole and 
faying surface condition. Figure 8.17a shows a faying surface with heavy fretting, and 
Figure 8.17b shows hole surface with significant circumferential flaws.  Figure 8.17c 
indicates the amount of fretting and galling observed on the faying surfaces, and Figure 
8.17d indicates the hole quality in the joint.  Overall, the faying surfaces around 66% of 
the rivet holes exhibited some degree of fretting and 45% of the rivet holes had 
significant spiral gauges or circumferential flaws. 
a.  Heavy Fretting
b.  Significant Circumferential Flaw
c. Galling and Fretting at Faying Surfaces
d.  Summary of Hole Quality
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Figure 8.17.  Hole and faying surface conditions [8.18] 
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Steadman et al [8.13, 8.16] developed an analytical method to simulate MSD 
growth as a function of aircraft flight cycles. The MSD simulation is deterministic, 
synthesized from published linear elastic fracture mechanics (LEFM) models and 
publicly available computer codes.  The MSD simulation was used to propagate MSD 
from an initial array forward under cyclic loading towards its eventual link-up.  The 
initial crack array was made of several unequal diametric cracks at rivet holes, typical of 
MSD.  Crack length calculation was based on the Modified Forman equation. 
The MSD simulation was validated by comparing crack length vs cycle data from 
each primary crack in the FS 540 – FS 560 frame bay, and AFGROW strip model of a 
diametric corner cracks becoming oblique thru cracks within a finite width.  An example 
comparison plot for crack at the center bay hole is shown in Figure 8.18. Since damage 
state when the aircraft was retired was known, simulation and the empirical data were 
synchronized at this point (59,497 cycles), Figure 8.18.  The starting MSD array for the 
simulation was iterated until the predicted state at DSG reflected the current measured 
state. The AFGROW strip model and the MSD simulation were generally identical in the 
small corner crack regime, but the AFGROW model became conservative as the cracks 
grew longer, as a result of the finite width effect.  The MSD simulation demonstrated 
good correlation with the empirical data, although that correlation degraded for crack 
lengths less than 0.020 in as a result of the complex nature of small cracks near their 
origins [8.13]. 
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Figure 8.18.  Crack growth model validation [8.16], showing a good correlation between 
the MSD simulation and empirical measurements (from striation count).  The AFGROW 
strip model results are conservative at longer crack lengths 
 
8.5. SUMMARY 
• During the pre-teardown inspections, 196 indications were noted at 131 fastener 
sites with MFEC.  There were a large number of NDI crack indications in the lap 
joint along stringer S-4R, while there were few crack indications on the opposite 
side of the aircraft along stringer S-4L.  Based on these results, the panels with the 
fewest crack indications were designated for extended fatigue testing, at the 
FASTER facility while those along stringer S-4R were designated for destructive 
evaluation,  
• Crack information obtained in the teardown inspection was used to assess 20 
different NDI methods for readiness and use at airline maintenance repair and 
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overhaul facilities to detect MSD in built-up fuselage joints.  None of the external 
techniques provided better sensitivity than the currently used internal MFEC. 
• Overall, the faying surfaces around 66% of the rivet holes exhibited some degree 
of fretting and 45% of the rivet holes had significant spiral gauges or 
circumferential flaws. 
• Although a relationship between underdriven rivets and cracks was observed, no 
correlation could be established between crack length and the rivet fit condition.  
It was observed, however, that cracks at holes with overdriven rivets were 
generally smaller than cracks near the other holes. 
• Most of the fastener holes had more than two cracks, with some having up to nine 
cracks emanating from the hole.  The cracks generally originated at the corner of 
the hole and at the faying surface, and later formed continuous cracks. 
• All except one of the bays examined exhibited MSD in the lower skin at the lower 
row of rivet holes in the 4R lap joint.  The cracks in the inner skin, were in a half-
starburst pattern emanating from the lower half of the hole with up to 8 or 9 
cracks seen to be present at some holes with typically 1 to 4 cracks. 
• The maximum crack lengths measured were around 0.250"; and of the cracks had 
linked up with cracks emanating from adjacent holes.  Most of the cracks were 
tunneled underneath the clad layer on the inner surface of the lower skin;  
• Backtracking of the cracks based on SEM striation spacing measurements 
indicated that the longest cracks had started between 18,000 and 20,000 total 
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aircraft cycles.  The rivet fit and hole quality in this section of the lap joint was 
sub-optimal. 
• Many holes surfaces exhibited a spiral gouge or circumferential flaw in the lower 
skin hole towards the faying surface.  Corresponding spiral gouges were seen on 
the rivet surfaces as shown in Figure 8.16b and Figure 8.16c. 
• An analytical method to simulate MSD growth as a function of aircraft flight 
cycles was developed.  The model, synthesized from published LEFM models and 
publicly available computer codes, was used to propagate MSD from an initial 
array forward under cyclic loading towards its eventual link-up.  There was a 
good correlation between the model results and crack growth data from a 
representative bay for cracks longer than 0.02″. 
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CHAPTER 9: COMPARISON OF FINDINGS FROM LAP JOINTS ALONG S-4L 
AND S-4R 
 
9.1. INTRODUCTION 
Prior to removal of the panels from the aircraft, detailed inspections, using both 
conventional and emerging nondestructive inspection (NDI) methods were made.  The 
inspections were repeated in a lab environment after the removal of the sections [9.1].  In 
general, there were a large number of NDI crack indications in the lap joint on the right-
hand side of the airplane (along stringer S-4R), while there were only a few crack 
indications on the opposite side of the aircraft, along stringer S-4L (Table 9.1).  Based on 
these results, the lap joint along stringer (S)-4L, with the fewest crack indications was 
designated for extended fatigue testing at the FASTER facility.  The panels along S-4R, 
having more NDI crack indications, were used for damage characterization in subsequent 
destructive teardown evaluations.  These results were summarized in Chapter 8.  Since 
the S-4L lap joint is geometrically similar to S-4R, it was anticipated that undetected 
micro-cracks existed in these test panels as well. 
Two panels from the left-hand side, containing the lap joint along stringer 4L 
were subjected to extend fatigue testing.  The test results were rather surprising in that it 
took significantly larger number of fatigue cycles to generate cracks in the panels than 
originally envisaged.  In Panel No. 1, no cracks were detected in the aluminum skin test 
section after an additional 43,500 simulated flight cycles.  The test was terminated due to 
extensive cracking in the load attachment points of the panel outside the test section (see 
Chapter 4.3.2).  Fatigue testing of Panel No. 2 was initially conducted under simulated in-
service conditions for 120,000 cycles, and no cracks were detected in the skin of the 
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panel test section.  Artificial damage was then introduced into the panel at selected rivets 
in the critical (lower) rivet row, and the fatigue loads were increased, and subsequent 
fatigue testing led to the formation of an 11.8″ long unstable crack after 141,771 cycles, 
at which point the test was terminated, as explained in Chapter 4.3.2. 
In this chapter, a comparison of the findings from the destructive evaluation of the 
lap joints along S-4L (Chapter 4 and Chapter 5) and S-4R (Chapter 9) is presented.  In the 
case of S-4L, the comparison data is mostly drawn from the results of Panel No. 2, since 
no cracks existed in the test section of Panel No. 1 during the extended fatigue loading. 
9.2. INBOARD SURFACE CONDITIONS 
The first step in the damage characterization process involved examinations of the 
free surface of the inner skin around the critical rivet row.  Stereomicroscope 
examinations of these surfaces revealed many visible cracks along S-4R.  However, all 
the cracks along S-4L were subsurface.  Figure 9.1 shows photographs of representative 
rivet tails at the free surface of the inner skin from both sides of the airplane.  The image 
from S-4R shows a relatively clean free surface with two visible cracks.  Such cracks 
were frequently observed around the lower half of the rivet hole.  The photo of the rivet 
from the S-4L lap joint shows considerable corrosion deposits on the skin surface around 
the rivet, which are a result of water as the pressurization media during the fatigue test.  
No cracks were observed from the inboard surface along S-4L.  It must be noted, 
however, that the fatigue cracks at S-4L were generally smaller than those from 4R. 
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(a) S-4R [9.2]
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Visible cracks 
(b) S-4L
corrosion
 
Figure 9.1.  Conditions on the free surfaces of the inner skin at critical rivet row along 
stringer 4R and 4L. 
 
9.3. FAYING AND HOLE SURFACE CONDITIONS 
Following disassembly of the lap joints, the exposed faying surfaces were 
examined under a stereomicroscope to detect fatigue cracks.  On the right-hand, side 
along S-4R, the faying surfaces of the inner skin were found to have defects around the 
rivet hole such as gouges, scratches, edge deformation, and fretting as shown in Figure 
9.2a.  The amount of fretting around the rivet holes was found to be even larger in the 
case of the lap joint along S-4L, Figure 9.2b.  However, the faying surfaces along S-4L 
were relatively free from any other defects such as gouges, scratches, edge deformations, 
etc, which were found near the rivet holes along stringer 4L.  While some of the cracks 
originated from these faying surface defects along S-4R, no correlation existed between 
the presence and severity of the defects and cracking.  Unlike the left-hand side, it was 
also found that a large majority of the holes along S-4R had a helical groove in the hole 
surfaces near the faying surface edge. 
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fretting
(a) S-4R (b) S-4L  
Figure 9.2.  Conditions on the faying surfaces around critical rivet row along stringer 4R 
and 4L. 
 
9.4. CRACK DISTRIBUTIONS 
It was found that along S-4R, the crack lengths within the frame bays did not 
follow the expected stress levels at each of the holes.  It was expected that the rivet holes 
at the mid-bay locations would have relatively longer cracks, due to higher stresses, than 
near the frames.  That is, the distribution of MSD cracks in a bay did not always correlate 
to the stress distributions.  On the lap joint along S-4L, there were only three bays in the 
panel test sections. Bays 1 and 3 of Panel No. 2 had snug-tight loose-fit fasteners towards 
the middle of the bay, (Chapter 3.7, Figure 3.26).  Additionally, Bay 3 had artificially 
induced crack starters (Chapter 3.7, Figure 3.27).  These differences render any 
comparison irrelevant.  As for Bay 3, crack distributions agreed with the expected stress 
levels at each of the rivet holes, with the cracked rivet holes located towards the midbay.  
Every bay evaluated on the right hand side of the airplane had at least two holes 
that had three or more cracks, with some having five to eight cracks in a half starburst 
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pattern.  The relative frequency of occurrence of the cracks around the rivet holes is 
shown schematically in Figure 9.3a.  All the cracks were within the lower 2400 around the 
hole circumference, with most cracks between -200 to -800 in either the forward or aft 
side of the hole, Figure 9.3a.  On the other had, the fatigue cracks along S-4L exhibited 
the typical multiple-site damage scenario of one or two cracks per hole as shown 
schematically in Figure 9.3b. 
 
(a) Crack occurrences at S-4R [9.2] (b) Typically just two cracks per hole at S-4L
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Figure 9.3.  Relative frequency of crack occurrence locations around the fastener hole 
circumference at S-4R contrasted with the two cracks per hole scenario of S-4L. 
 
9.5. FRACTURE SURFACE COMPARISONS BETWEEN S-4L AND S-4R 
The fracture surfaces of the cracks along stringer 4R were generally clean and had 
only light oxidation products that were removed by chemical cleaning.  Along stringer 
4L, however, the fracture surfaces had considerable corrosion deposits, which obstructed 
the clarity of the marker bands (Chapter 3.8).  On both sides of the airplane, the cracks 
had multiple origins which were seen primarily at the faying surface and hole surface 
corner.  All the cracks along S-4R and the natural fatigue cracks along S-4Lwere semi-
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elliptical in shape as shown in Figure 9.4, and most had not yet become through-the-
thickness cracks.  Some cracks had barely just broken through the thickness or were just 
tunneling underneath the clad layer. 
 
0.050"
rivet hole
surface
skin faying surface crack front
rivet hole
surface
skin faying surface
skin inboard surface
skin inboard surface
Crack front
(a)  Crack along S-4R [9.2]
(b)  Crack along S-4L  
Figure 9.4.  Fracture surfaces of subsurface cracks along S-4L and S-4R tunneling 
underneath the clad layer 
 
9.6. JOINT QUALITY 
Investigations of the lap joint revealed that there was a better overall joint quality 
along S-4L compared to S-4R.  The differences in the quality of the joint on the left-hand 
side of the airplane with the right-hand side probably contributed to the observed 
differences in fatigue life.  It was found that there was better quality rivet installation 
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along S4-L, with the rivet button tails within manufactures specifications as shown in 
Table 9.1.  About 80% of the rivets investigated along S-4L were driven to specifications 
compared to only 42% along S-4R (Chapter 8.44).   
 
Table 9.1.  Rivet fit conditions for stringer S-4L and S-4R 
Percentage of Rivet Holes Rivet Fit Condition  
S-4L S-4R 
Significantly underdriven 0.0% 22.9% 
Marginally underdriven 19.2% 33.8% 
Within specification, lower limit 80.8% 30.9% 
Within specification 0.0% 11.4% 
Within specification, upper limit/overdriven 0.0% 1.9% 
 
 
The sealant along S-4L adhered better to the faying surface of the skins as 
compared with S-4R.  The procedure to remove the sealant from the faying surfaces, 
discussed in Chapter 3, involved immersion of the coupons in d-Limonene solvent.  
Following this, the sealant in S-4R had swollen and was easily removed while that in the 
S-4L joint required aggressive rubbing in order to be removed.  Samples from both the S-
4R and S-4L lap joints were analyzed by the Boeing Company.  The analyses revealed 
that the sealant along S-4R was similar to BMS 5-95 while that along S-4L was most 
likely PR1422, which is commonly used for fuel tank sealing applications.  Examples 
showing the sealants along both joints are shown in Figure 9.5.  It is believed that the 
sealant in S-4L, which adhered better to the faying surface of the skins, contributed to a 
better fatigue life. 
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a.  Sealant on faying surface, S-4L b.  Sealant on faying surface, S-4R  
Figure 9.5.  Photographs of the different in faying surface sealants at S-4L and S-4R, 
showing sealants of different colours 
 
The presence of hole defects such as gouges, edge deformation as well as 
machining debris can promote crack initiation, and was investigated at the two lap joints.  
Lap joint coupons both S-4L and S-4R were sectioned, mounted and polished as 
discussed in Chapter 3.  The polished samples were then etched using Keller’s reagent 
and viewed under a microscope as shown in Figures 9.6 and 9.7.  The figures show 
microscope images from S-4L and S-4R respectively.  The general observation was that 
there were machining debris, gouges, or skin edge deformations in S-4L joint, Figure 9.6, 
while the S-4R joint (Figure 9.7) was generally free of machining defects, Figure 9.7. 
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Figure 9.6.  Section cut through rivets in lap joints S-4R showing joint quality 
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Doubler
Bonded Layer
Sealant Layer
a.  Panel 1 a.  Panel 2  
Figure 9.7.  Section cut through rivets in lap joints S-4L showing joint quality 
 
To further characterize rivet installation, the distances between the middle and 
lower rivet rows on the lap joints along S-4L and S-4R were measured and compared 
with original equipment manufacturer (OEM) specifications.  Measurements were taken 
from the center of the rivet heads as shown in Figure 9.8.  The rivet row spacing in Panel 
No. 1, Panel No. 2, and along S-4R are shown in Table 9.2.  Measurements from S-4R 
were directly opposite those of Panel No 2. 
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The table shows inter rivet row spacing ranged from a minimum of 1.05″ to 1.14″ 
and an average of 1.10″ for Panel No. 1.  Similarly, the spacing in Panel 2 ranged from 
1.07″ to 1.14″ and an average of 1.10.  The inter rivet row spacing at these two panels is 
similar and relatively consistent.  However, the spacing is greater than the OEM 
specification of 0.82″ minimum to 1.02″ maximum.  The spacing at the S-4R joint, on the 
other hand ranged from a minimum 0.86″ to 1.01″ with an average of 0.93, and is within 
specifications.  The rivet row spacings along the S-4R joint were taken from a panel that 
was directly opposite of Panel No. 1.  The inter rivet row spacing of the S-4L joint, 
though greater than OEM specification, probably contributed to the better fatigue life of 
the lap joint.  Muller [9.6] showed that smaller rivet row spacing increases the secondary 
bending stress at the critical rivet row.  He determined analytically that the overlap length 
of a lap joint determines the magnitude of bending. 
 
Row A
Row B
Row C
Rivet row 
spacing
Rivets
 
Figure 9.8.  Image of portion of S-4L lap joint showing the three rivet rows and 
convention for measurement of rivet row spacing. 
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Table 9.2.  Distance between rivet head centers for middle and lower rivet rows in Panel 
No. 1, Panel No. 2, and along and S-4R directly opposite Panel No. 1 
 
Distance Between Rivet Centers (in) Rivet 
Panel 1 Panel 2 S-4R 
A1 1.13 1.09 0.95 
A2 1.13 1.11 0.97 
A3 1.12 1.11 --- 
A4 1.10 1.11 0.93 
A5 1.13 1.11 0.96 
A6 --- 1.12 0.93 
A7 1.10 1.08 --- 
A8 1.10 1.07 --- 
A9 1.10 1.08 --- 
A10 1.10 1.11 --- 
A11 1.10 1.11 0.91 
A12 1.10 1.12 0.90 
A13 1.10 1.13 0.94 
A14 1.10 1.14 0.86 
A15 1.10 1.12 0.93 
A16 1.06 1.11 0.92 
A17 1.05 1.13 --- 
A18 1.08 1.11 0.88 
A19 1.08 1.11 0.98 
A20 1.09 1.09 0.88 
A21 1.09 1.09 0.92 
A22 1.10 1.13 0.88 
A23 1.10 1.12 --- 
A24 1.10 1.11 0.95 
A25 1.13 1.11 0.95 
A26 1.13 1.06 1.01 
A27 1.13 1.05 0.95 
A28 1.13 1.06 --- 
A29 1.14 1.07 --- 
A30 1.11 1.08 0.89 
Average 1.10 1.10 0.93 
 
9.7. CONCLUSIONS 
• The inboard surfaces of the lap joint along S-4L had considerable corrosion 
deposits on the skin surface around the rivets, which were a result of water as the 
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pressurization media during the fatigue test at the FASTER facility, while the 
surfaces in S-4R were generally clean. 
• On the right-hand side of the airplane (S-4R joint), the faying surfaces of the inner 
skin were found to have defects around the rivet holes such as gouges, scratches, 
edge deformation, and fretting while only fretting was found on the left-hand side, 
S-4L joint, albeit more severe possibly as a result of higher fatigue loads. 
• On the right hand side, every bay evaluated had at least two holes that had three 
or more cracks, with some having five to eight cracks in a half starburst pattern.  
In contrast, the fatigue cracks along S-4L joint exhibited the typical multiple-site 
damage scenario of one or two cracks per hole, opposite each other. 
• The fracture surfaces of the cracks along S-4R were generally clean and had only 
light oxidation products that were removed by chemical cleaning while those 
along S-4L had considerable corrosion deposits, which obstructed the clarity of 
the marker bands. 
• The differences in the quality of the joint on the left-hand side of the airplane with 
the right-hand side probably contributed to the observed differences in fatigue 
life.  There was better overall joint quality along S-4L compared to S-4R in terms 
of rivet button tails being within specifications, rivet hole and faying surface 
quality, differences in the types of sealants used, and inter-rivet spacing. 
• Comparison of the results from S-4L and S-4R joints bring to light the importance 
of rivet installation quality in fatigue life.  The results also emphasize the random 
nature of crack initiation. 
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CHAPTER 10:  SUMMARY AND CONCLUSIONS 
 
10.1. SUMMARY 
This study was conducted in three distinct successful phases, and the results make 
a significant contribution to the overall understanding of the development and growth of 
fatigue cracks in aircraft fuselage lap joints.  The study was conducted using two fuselage 
panels from a retired Boeing 727 aircraft near its design service goal of 60,000 flight 
cycles.   
In the first phase, the objective was to advance the state of multiple-site damage 
in the lap joint of the two panels beyond that seen at the one design service goal, through 
extended fatigue testing.  Prior to the tests, baseline inspections using high-magnification 
visual methods and both conventional and emerging nondestructive inspection methods 
found no cracks or damage in the skin of the panels’ test sections due to prior aircraft in-
service usage.  Crack formation during the fatigue tests was monitored in real time using 
high-magnification visual observations and the nondestructive inspection methods.  For 
the first panel, Panel No. 1, the applied loads used for the fatigue loading simulated the 
actual in-service usage history of the aircraft.  No cracks were detected in the skin of the 
panel’s test section after 43,500 simulated flight cycles, and the test was terminated due 
to fatigue cracking at the load application areas.  For the second panel, Panel No. 2, the 
fatigue test was initially conducted under simulated in-service conditions for 120,000 
cycles.  No cracks were detected in the skin of the panel test section.  Two different 
artificial damage scenarios were then introduced (small artificial notches and loose-fit 
fasteners) into two bays of the panel at select rivets in the critical rivet row, and the 
fatigue loads were increased.  Visually detectable crack growth from the artificially 
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introduced notches was first observed after 133,000 cycles.  The resulting lead crack 
grew along the lower rivet row, eventually forming an 11.8″ long unstable crack after 
141,771 cycles, at which point the test was terminated.   
In the second phase, a posttest fractographic study was conducted to fully 
document the state of damage at the end of the fatigue tests.  The fractography work 
included among others the measurement of subsurface crack sizes, crack shapes, and 
reconstruction of subsurface fatigue crack growth histories using marker bands 
introduced during the fatigue loading.  The fractographic analyses revealed the presence 
of subsurface multiple-site damage throughout the critical rivet row of the lap joint of 
Panel No. 2, including at this rivet holes that did not include artificial damage.  
The value of the first two phases lies in that they provided data to enable 
calibration and validation of predictive methodologies for structural fatigue, and served 
as a test bed to evaluate the sensitivity and effectiveness of standard and emerging 
nondestructive methods to detect small cracks hidden in built-up structural joints.  The 
final phase involved fatigue crack growth analysis to simulate both through-the-thickness 
and subsurface crack growth.  The results of the simulations were compared with the 
experimental and fractography crack growth measurements.  The subsurface crack 
findings from the fractography phase were also compared with nondestructive inspection 
results. 
10.2. CONCLUSIONS 
1. Strain surveys were conducted to ensure that the loads were applied appropriately 
to the panel.  The strain measurements were found to be repeatable and uniform 
throughout the test sections, indicating that the FASTER fixture applied loads 
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appropriately to the panels.  While the panel skins were primarily under in-plane 
loading, there was a significant bending effect at the critical rivet row of the lap 
joint. 
2. No cracks were detected in the skin of the panel test section on Panel No. 1 during 
the fatigue test.  The test was terminated after 43,500 simulated flight cycles due 
to extensive cracking at the longitudinal load attachment area.  Including service 
history, the fatigue test brought the total fatigue life of the panel to 102,997 
cycles. 
3. Fatigue testing of Panel No. 2 was conducted under simulated in-service 
conditions for 120,000 cycles, and no cracks were detected in along the lap joint 
of the panel test section. Including service history, this brought the total fatigue 
life of the panel to 179,497 cycles, which is equivalent to three Design Service 
Goals (DSG).  
(i) After 120,000 cycles, artificial damage was introduced into Panel No. 2 
at select rivets in the critical rivet row, and the fatigue loads were 
increased.  The damage was in the form of artificial notches at the inner 
skin, and replacing several rivets with loose-fit fasteners.  Visually 
detectable crack growth from the artificial notches was first observed 
after 133,000 cycles.  The resulting lead crack grew along the lower 
rivet row eventually forming an 11.8″ long unstable crack after 141,771 
cycles, at which point the test was terminated. 
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(ii) Crack growth behavior at the rivets with the artificial notches was 
similar and collinear.  The crack growth rates of the individual cracks 
generally ranged between 10-5 and 10-3 inches per cycles. 
(iii) The USUT ultrasound system was effective in detecting initial crack 
growth from the notch-tips, and naturally occurring cracks at the 
unmodified rivets. 
(iv) Fatigue cracks were also observed on the skin of Panel No. 2, along the 
critical rivet row, at the stringer-skin attachment rivets.  This finding is 
consistent with results of a full-scale fatigue test on similar type 
fuselage reported in the literature. 
(v) The faying surfaces were found to be heavily fretted around the rivet 
holes, but with no other defects except some minor galling outside the 
fretted areas at some few rivet holes. 
(vi) There was considerable subsurface fatigue cracking at all three bays in 
the panel test section.  All the subsurface fatigue cracks were located at 
or near the rivet holes along the critical rivet row, with some cracks just 
tunneling underneath the clad layer.   
(vii) Most of the subsurface fatigue cracks had multiple faying surface 
origins.  Typically, the cracks initiated at surface clad discontinuities, 
within a localized region along the faying surface.  All cracks originated 
towards the bottom of the rivet holes. 
(viii) The extent of subsurface fatigue cracking was characterized by 
determining the final shapes and sizes of all the cracks.  A forensic 
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analysis of the crack growth histories was also conducted, via the 
scanning electron microscope, relying on the measurements of marker 
bands formed in the fracture surfaces as a result of the loading spectra.  
The majority of the fracture surfaces were found to be covered up with 
corrosion deposits, which obscured many of the marker bands. 
(ix) The marker bands were easier to detect and more distinguishable for 
Load Conditions C and D.  However, for Load Conditions A and B, the 
marker bands were very close to each other, indicating slow crack 
growth.  The marker bands were used to reconstruct crack growth 
history and growth rates.  The crack growth rates were found to be 
higher than 10-6 inch/cycle. 
4. The mid frequency eddy current (MFEC) was found to be effective in detecting 
cracks of at least 0.1 inches in length.  Correlations were also made between crack 
length measurements from the USUT ultrasound system and fractographic results.  
There was a linear relationship between the two measurements.  
5. A study of rivet installation quality was conducted.  The general observations 
were that the rivet installation quality was good, with no machining debris, 
gouges, or skin edge deformations.  The rivets were also found to be bucked to 
manufacturer’s specifications, within only one rivet being marginally 
underdriven. 
6. Cracks developed at the stringer clips that connect the stringers to the frames 
during the fatigue test in both panels.  It was determined through finite element 
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analysis that cracked stringer clips have no effect on the load distribution on the 
panel skin.  However, fractured clips have a significant effect. 
7. Good agreement between finite-element stress analysis predictions and strain 
gage measurements was obtained for the fuselage skin and substructure.  
8. The predicted subsurface crack growth using the NASGRO equation was much 
faster than the experimental measurements.  This was due to the assumptions 
made in determining the stress intensity factor solutions:  corner cracks becoming 
oblique through cracks, while the actual cracks had multiple initiation sites, 
located along the faying surface. 
9. Eijkhout’s model provided good prediction of subsurface fatigue crack growth.  
Although the model has not found significant use in predicting lap joint fatigue 
cracks, its empirical nature makes it very appealing for the estimation of fatigue 
behavior of small cracks under very complex stress fields near the rivet hole. 
10. Fatigue crack growth of through-the-thickness cracks at rivet hole A40 using the 
NASGRO equation, under distilled water conditions, compared very well with 
experimental measurements. 
11. In comparing the results from the two panels (S-4L) with those of the FAA-Delta 
study along the right hand side of the airplane (S-4R), the following conclusions 
were drawn. 
(i) On the right-hand side of the airplane, the faying surfaces of the inner 
skin were found to have defects around the rivet hole such as gouges, 
scratches, edge deformation, and fretting while only fretting was found 
on the left-hand side, albeit more severe.  
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(ii) On the right hand side, every bay evaluated had at least two holes that 
had three or more cracks, with some having five to eight cracks in a half 
starburst pattern.  In contrast, the fatigue cracks along S-4L exhibited 
the typical multiple-site damage scenario of one or two cracks per hole. 
(iii) The inboard surfaces of the lap joint along S-4L had considerable 
corrosion deposits on the skin surface around the rivets, which were a 
result of water as the pressurization media during the extended fatigue 
test, while the surfaces in S-4R were generally clean. 
(iv) The fracture surfaces of the cracks along stringer 4R were generally 
clean and had only light oxidation products that were removed by 
chemical cleaning while those in 4L had considerable deposits, which 
obstructed the clarity of the marker bands and were difficult to remove. 
(v) The differences in the quality of the joint on the left-hand side and the 
right-hand side of the airplane probably contributed to the observed 
differences in fatigue life.  There was better overall joint quality along 
S-4L compared to S-4R as a result of manufacturing. 
10.3. FUTURE WORK RECOMMENDATIONS 
The results of the experimental and analytical investigations, combined with the 
results obtained from the right-had side of the airplane (by Delta Air Lines) provided a 
great deal of insight on fatigue damage initiation and progression in a production aircraft 
fuselage lap joint.  To further enhance the knowledge base on fatigue crack behavior in 
aging aircraft, recommendations based on the results of this work are as follows: 
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1. This study focused on a single retired aircraft.  A more extensive study, including 
fuselage structure from several aircraft is recommended.  At the moment, it 
remains speculative as to whether the issue of differing lap joint quality on the 
opposite sides of the airplane is particular to the subject aircraft or prevalent 
throughout the B727 fleet, or other aircraft models.  Such work would provide a 
database of rivet hole quality issues and their effect on fatigue behavior of riveted 
lap joints. 
2. Analytical simulations of small subsurface cracks should take into consideration 
the tendency of cracks to have multiple origins.  Since accurate stress intensity 
factors for such complex stress fields are difficult to determine, empirical models 
such as Eijkhout’s should be evaluated further, and be used for simulation of 
subsurface crack growth. 
Since most of the subsurface cracks were found to be tunneling underneath the 
clad layer, the quest for nondestructive inspection methods that can indicate the size of 
subsurface cracks continues to be an important endeavor.  The USUT ultrasound system 
shows great potential in this regard.  Further, the Model 2300 shows promise as an 
alternative approach to mid frequency eddy current for inspection of inner layer cracking.  
Not only will this replacement alternative eliminate the time consuming process of 
removing the internal furnishings of the aircraft since it is an external inspection, but the 
preliminary results from this study show improved accuracy of crack detection and the 
ability to determine crack lengths. 
The extended fatigue testing was indeed time consuming, expanding over 27 
months of continuous round-the-clock, testing involving periodic inspections.  Over 
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28,000 NDI inspections were conducted, each time terminating the cyclic loading.  The 
reason for this extended testing program was that the panels selected for the extended 
fatigue testing, taken from the left-hand side of the retired airplane, contain little if any 
internal subsurface damage caused during the in-service flights.  The decision made at the 
program initiation was that the panels that exhibited the larger amount of internal 
damage, through the pre- and post teardown NDI work, will be subjected to destructive 
examinations while those who exhibited the least amount of damage will be subjected 
first to extended fatigue testing before the destructive examinations.  In hindsight, it 
might have been also of interest to determine the effect of the existing damage caused 
during in-service flight on the extended fatigue life. 
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APPENDIX A - STRAIN GAGE RESULTS 
 
Strain gages were installed on the test panel to monitor strain distribution during 
the strain survey test to ensure proper load introduction.  Strain gages were also used to 
monitor and record strain behavior throughout the fatigue test.  The types and locations of 
the strain gages used are provided in the tables and figures of this appendix.  All strain 
gages were 350 Ohms with a Constantan foil alloy.  A three conductor Teflon-coated 
twisted cable was used for connection to strain gages on the interior of the panel.  Vinyl-
coated cables were used to connect strain gages on the exterior of the panel. 
The strain gage, coating, cable, and adhesive types are listed in table A-1.  A full 
description of the Micro-Measurement (MM) products is provided in MM Catalog A-
110-8 and MM Catalog 500. 
Strain gages were installed on the frame, stringer and skin components denoted by 
the gage label prefix F, ST, and S, respectively.   
Locations of the strain gages on Panel No. 1 are provided in Table A-2 and Figure 
A-1.  Frames were instrumented with 27 axial strain gages located on both the inner and 
outer flanges.  Stringers were also instrumented with three axial strain gages on the 
flange and hat sections.  The skin was instrumented with 47 axial and rosette strain gages.  
The rosette gages provided strain measurement in the hoop, longitudinal, and 45º 
directions.  The lap joint was heavily instrumented with strain gages.  Approximately 1″ 
below and 1.4″ above the lap joint, axial and rosette gages were installed in back-to-back 
configurations to provide a measure of the variation in skin bending across the joint.  
Two rosette gages and a biaxial gage were installed in skin midbay locations in back-to-
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back configurations to monitor far field strain.  Plots of the strain gage data for Panel No. 
1 are shown in Figure A-3. 
Locations of the strain gages on Panel No. 2 are provided in Table A-3 and Figure 
A-14 through A-22.  Frames were instrumented with 21 axial strain gages located on both 
the inner and outer flanges.  Stringers were also instrumented with three axial strain 
gages on the flange and hat sections.  The skin was instrumented with 40 axial and rosette 
strain gages.  The rosette gages provided strain measurement in the hoop, longitudinal, 
and 45º directions.  The lap joint was heavily instrumented with strain gages.  
Approximately 1″ below and 1.4″ above the lap joint, axial and rosette gages were 
installed in back-to-back configurations to provide a measure of the variation in skin 
bending across the joint.  Two rosette gages were installed in skin midbay locations in 
back-to-back configurations to monitor far field strain.  Plots of the strain gage data for 
Panel No. 2 are shown in Figure A-4. 
 
 
Table A-1.  General strain gage information 
 
Gage No. Type Part No. Coating Cable 
S1L, S54, S56 Axial EA-13-062UW-350 Clear Tape 326-DTV 
ST26L, ST27L, 
S1L 
Axial EA-13-062UW-350 PR-1422 B-2 330-FTE 
Frame Gages Axial EA-13-062UW-350 PR-1422 B-2 330-FTE 
Gages with “B” 
After Number 
(Interior) 
Axial, 
Biaxial, 
Rosette 
EA-13-062UW-350 
EA-13-062UT-350 
WA-13-120UR-350 
PR-1422 B-2 330-FTE 
All other Gages 
(Exterior) 
Axial, 
Biaxial, 
Rosette 
EA-13-062UW-350 
EA-13-062UT-350 
WA-13-120UR-350 
3140 RTV 326-DTV 
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Table A-2.  Strain gage locations in Panel No. 1 
 
Location Strain Gage No. Description Dimensional 
S1L Exterior Surface of Skin Aft of BS640 (10.53), Along Lap Joint Middle Rivet Row 
S2BL Inside of Stringer Hat S-4L Aft of BS640 (10.53), Along Lap Joint Middle Rivet Row 
S3L Exterior Surface of Skin Midway Between BS660 and BS680, Along Stringer S-5L 
4B Interior Surface of Skin Forward of BS660 (5.00), Below Lap Joint (1.00) 
F5A Outboard Frame Flange BS640 Below S4-L (1.8006), Center of Frame Flange (0.45) 
S6 Exterior Surface of Skin Below S4-L (1.8006), Along BS640 
F7B Inboard Frame Flange BS640 Below S4-L (1.8006), Center of Frame Flange (0.45) 
 S8B Interior Surface of Skin Below S4-L (1.8006), Along BS660 
F9A Outboard Frame Flange BS660 Below S4-L (1.8006), Center of Frame Flange (0.45) 
S10 Exterior Surface of Skin Below S4-L (1.8006), Along BS660 
F11B Inboard Frame Flange BS660 Below S4-L (1.8006), Center of Frame Flange (0.45) 
12 Exterior Surface of Skin Below S4-L (1.8006), Along BS680 
S13B Interior Surface of Skin Below S4-L (1.8006), Along BS680 
F14A Outboard Frame Flange BS680 Below S4-L (1.8006), Center of Frame Flange (0.45) 
F15B Inboard Frame Flange BS680 Below S4-L (1.8006), Center of Frame Flange (0.45) 
S16 Exterior Surface of Skin Above Lap Joint (1.4), Midway Between BS640 & 660 (10.0) 
S17 Exterior Surface of Skin Above Lap Joint (1.4), Midway Between BS660 & 680 (10.0) 
S18 Exterior Surface of Skin Above Lap Joint (1.4), Midway Between BS680 & 700 (10.0) 
S19 Interior Surface of Skin Midway Between S6-L and S7L (4.79), Along BS660 
F20A Outboard Frame Flange BS660 Midway Between S6-L and S7L (4.79), Center of Frame Flange (0.45) 
F21B Inboard Frame Flange BS660 Midway Between S6-L and S7L (4.79), Center of Frame Flange (0.45) 
S22 Butt Splice (BS680) Exterior Below S6-L (4.2184), Center of Four Rivets, Fwd of BS680 
S23 Butt Splice (BS680) Exterior Below S6-L (4.2184), Center of Four Rivets, Aft of BS680 
F24A Outboard Frame Flange BS680 Midway Between S6-L and S7L (4.79), Center of Frame Flange (0.45) 
F25B Inboard Frame Flange BS680 Midway Between S6-L and S7L (4.79), Center of Frame Flange (0.45) 
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Table A-2.  Strain gage locations in Panel No. 1 (Continued) 
 
Location Strain Gage No. Description Dimensional 
ST26L Outside of Stringer Hat S4-L  Center of Hat (0.43), Midway Between BS640 & 660 (10.0) 
ST27L Outside of Stringer Hat S4-L Center of Hat (0.43), Midway Between BS640 & 660 (10.0) 
S22 Butt Splice (BS680) Exterior Below S6-L (4.2184), Center of Four Rivets, Fwd of BS680 
S23 Butt Splice (BS680) Exterior Below S6-L (4.2184), Center of Four Rivets, Aft of BS680 
S28 
S28-45 
S28L 
Exterior Surface of Skin Midway Between BS640 & BS660 (10.0) Below Lap Joint (1.00) 
S31B 
S31B-45 
S31BL 
Interior Surface of Skin Midway Between BS640 & BS660 (10.0) Below Lap Joint (1.00) 
S34 
S34-45 
S34L 
Exterior Surface of Skin Midway Between BS660 & BS680 (10.0) Below Lap Joint (1.00) 
S37B 
S37B-45 
S37BL 
Interior Surface of Skin Midway Between BS660 & BS680 (10.0) Below Lap Joint (1.00) 
S40 
S40-45 
S40L 
Exterior Surface of Skin Midway Between BS680 & BS700 (10.0) Below Lap Joint (1.00) 
S43B 
S43B-45 
S43BL 
Interior Surface of Skin Midway Between BS680 & BS700 (10.0), Below Lap Joint (1.00) 
S46 Exterior Surface of Skin Below Lap Joint (1.00), Aft of BS640 (5.00) 
S47B Interior Surface of Skin Below Lap Joint (1.00), Aft of BS640 (5.00) 
S48 Exterior Surface of Skin Below Lap Joint (1.00), Aft of BS640 (15.00) 
S49B Interior Surface of Skin Below Lap Joint (1.00), Aft of BS640 (15.00) 
S50 Exterior Surface of Skin Below Lap Joint (1.00), Aft of BS660 (5.00) 
S51B Interior Surface of Skin Below Lap Joint (1.00), Aft of BS660 (5.00) 
S52 Exterior Surface of Skin Below Lap Joint (1.00), Aft of BS660 (15.00) 
S53B Interior Surface of Skin Below Lap Joint (1.00), Aft of BS660 (15.00) 
S54 Exterior Surface of Skin  Below Upper River Row (0.45), Aft of BS640 (9.47) 
S55B Interior Surface of Skin  Btwn Middle and Upper River Row, Aft of BS640 (9.47) 
S56 Exterior Surface of Skin  Btwn Middle and Lower River Row, Aft of BS640 (9.47) 
S57B Interior Surface of Skin Along Lower River Row, Aft of BS640 (9.47) 
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Table A-2.  Strain gage locations in Panel No. 1 (Continued) 
 
Location Strain Gage 
No. Description Dimensional 
S58B Interior Surface of Skin Above Lap Joint (1.4), Midway Between BS640 & 660 (10.0) 
S59B Interior Surface of Skin Above Lap Joint (1.4), Midway Between BS660 & 680 (10.0) 
S60B Interior Surface of Skin  Above Lap Joint (1.4), Midway Between BS680 & 700 (10.0) 
S61L Exterior Surface of Skin Along BS680 Midway Between S-3L & S-4L (4.79) 
S62BL Interior Surface of Skin (Butt Joint) Along BS680 Midway Between S-3L & S-4L (4.79) 
S63L Exterior Surface of Skin Along BS680 Midway Between S-4L & S-5L (4.79) 
S64BL Interior Surface of Skin (Butt Joint) Along BS680 Midway Between S-4L & S-5L (4.79) 
S65L Exterior Surface of Skin Along BS680 Midway Between S-5L & S-6L (4.79) 
S66BL Interior Surface of Skin (Butt Joint) Along BS680 Midway Between S-5L & S-6L (4.79) 
F70A Outboard Frame Flange BS640 Midway Between S-3L & S-4L (4.79) Center of Frame Flange (0.45) 
F71B Inboard Frame Flange BS640 Midway Between S-3L & S-4L (4.79) Center of Frame Flange (0.45) 
F72A Outboard Frame Flange BS640 Midway Between S-4L & S-5L (4.79) Center of Frame Flange (0.45) 
F73B Inboard Frame Flange BS640 Midway Between S-4L & S-5L (4.79) Center of Frame Flange (0.45) 
F74A Outboard Frame Flange BS640 Midway Between S-5L & S-6L (4.79) Center of Frame Flange (0.45) 
F75B Inboard Frame Flange BS640 Midway Between S-5L & S-6L (4.79) Center of Frame Flange (0.45) 
F76A Outboard Frame Flange BS640 Midway Between S-6L & S-7L (4.79) Center of Frame Flange (0.45) 
F77A Outboard Frame Flange BS660 Midway Between S-2L & S-3L (4.79) Center of Frame Flange (0.45) 
F78B Inboard Frame Flange BS660 Midway Between S-2L & S-3L (4.79) Center of Frame Flange (0.45) 
F79A Outboard Frame Flange BS660 Midway Between S-3L & S-4L (4.79) Center of Frame Flange (0.45) 
F80B Inboard Frame Flange BS660 Midway Between S-3L & S-4L (4.79) Center of Frame Flange (0.45) 
F81A Outboard Frame Flange BS660 Midway Between S-4L & S-5L (4.79) Center of Frame Flange (0.45) 
F82B Inboard Frame Flange BS660 Midway Between S-4L & S-5L (4.79) Center of Frame Flange (0.45) 
F83A Outboard Frame Flange BS660 Midway Between S-5L & S-6L (4.79) Center of Frame Flange (0.45) 
F84B Inboard Frame Flange BS660 Midway Between S-5L & S-6L (4.79) Center of Frame Flange (0.45) 
F85A Outboard Frame Flange BS700 Midway Between S-2L & S-3L (4.79) Center of Frame Flange (0.45) 
F86A Outboard Frame Flange BS720 Midway Between S-6L & S-7L (4.79) Center of Frame Flange (0.45) 
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Table A-2.  Strain gage locations in Panel No. 1 (Continued) 
 
Location Strain Gage 
No. Description Dimensional 
S86 Exterior Surface of Skin Above Lap Joint (1.00), Aft of BS640 (5.00) 
S87L Exterior Surface of Skin Above Lap Joint (1.00), Aft of BS640 (5.00) 
S88B Interior Surface of Skin Above Lap Joint (1.00), Aft of BS640 (5.00) 
S89BL Interior Surface of Skin Above Lap Joint (1.00), Aft of BS640 (5.00) 
S90 
S90-45 
S90L 
Exterior Surface of Skin Midway Between BS640 & BS660 (10.0)  Midway Between S-5L & S-6L (4.79) 
S91 
S91-45 
S91L 
Exterior Surface of Skin Midway Between BS660 & BS680 (10.0)  Midway Between S-5L & S-6L (4.79) 
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Table A-3.  Strain gage locations in Panel No. 2 
 
Location Strain Gage No. Description Dimensional 
S1L Exterior Surface of Skin Aft of BS520 (10.53), Along Lap Joint Middle Rivet Row 
S2L Exterior Surface of Skin Midway Between BS520 and BS540, Along Stringer S-5L 
3B Interior Surface of Skin Forward BS520  Below Lap Joint (1.0) 
F4A Outboard Frame Flange BS520 Below S4-L (1.8006), Center of Frame Flange (0.45) 
S5 Exterior Surface of Skin Forward BS540 (5.00) Below Lap Joint (1.0) 
F6B Inboard Frame Flange BS520 Below S4-L (1.8006), Center of Frame Flange (0.45) 
F7B Inboard Frame Flange BS540 Below S4-L (1.8006), Center of Frame Flange (0.45) 
F8A Outboard Frame Flange BS540 Below S4-L (1.8006), Center of Frame Flange (0.45) 
S9 Exterior Surface of Skin Along BS540  Below Lap Joint (1.0) 
S10B Inboard Frame Flange BS540 Below S4-L (1.8006), Center of Frame Flange (0.45) 
S11 Exterior Surface of Skin Above Lap Joint (1.4), Midway Between BS500 & 520 (10.0) 
S12 Exterior Surface of Skin Above Lap Joint (1.4), Midway Between BS520 & 540 (10.0) 
S13 Exterior Surface of Skin Above Lap Joint (1.4), Midway Between BS540 & 560 (10.0) 
S14B Interior Surface of Skin Above Lap Joint (1.4), Midway Between BS500 & 520 (10.0) 
S15B Interior Surface of Skin Above Lap Joint (1.4), Midway Between BS520 & 540 (10.0) 
S16B Interior Surface of Skin Above Lap Joint (1.4), Midway Between BS540 & 560 (10.0) 
F17A Outboard Frame Flange BS520 Midway Between S6-L and S7L (4.79), Center of Frame Flange (0.45) 
S18 Exterior Surface of Skin Along BS520 Midway Between S-6L & S-7L (4.79) 
F19B Inboard Frame Flange BS520 Midway Between S6-L and S7L (4.79), Center of Frame Flange (0.45) 
F20A Outboard Frame Flange BS540 Midway Between S6-L and S7L (4.79), Center of Frame Flange (0.45) 
S21 Exterior Surface of Skin Along BS540 Midway Between S-6L & S-7L (4.79) 
F22B Inboard Frame Flange BS540 Midway Between S6-L and S7L (4.79), Center of Frame Flange (0.45) 
ST23L Outside of Stringer Hat S4-L Center of Hat (0.43), Midway Between BS520 & 540 (10.0) 
ST24L Outside of Stringer Hat S4-L  Center of Hat (0.43), Midway Between BS520 & 540 (10.0) 
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Table A-3.  Strain gage locations in Panel No. 2 (Continued) 
 
Location Strain Gage No. Description Dimensional 
S25BL Inside of Stringer Hat S4-L Aft of BS520 (10.53), Along Lap Joint Middle Rivet Row 
S26 Exterior Surface of Skin Below Lap Joint (1.00), Aft of BS540 (5.00) 
S27B Interior Surface of Skin Below Lap Joint (1.00), Aft of BS540 (5.00) 
S28 
S28-45 
S28L 
Exterior Surface of Skin Midway Between BS520 & BS540 (10.0) Below Lap Joint (1.00) 
S31B 
S31B-45 
S31BL 
Interior Surface of Skin Midway Between BS520 & BS540 (10.0) Below Lap Joint (1.00) 
S34 
S34-45 
S34L 
Exterior Surface of Skin Midway Between BS500 & BS520 (10.0) Below Lap Joint (1.00) 
S37B 
S37B-45 
S37BL 
Interior Surface of Skin Midway Between BS500 & BS520 (10.0) Below Lap Joint (1.00) 
S40 
S40-45 
S40L 
Exterior Surface of Skin Midway Between BS540 & BS560 (10.0) Below Lap Joint (1.00) 
S43B 
S43B-45 
S43BL 
Interior Surface of Skin Midway Between BS540 & BS560 (10.0), Below Lap Joint (1.00) 
S46 Exterior Surface of Skin Below Lap Joint (1.00), Aft of BS520 (5.00) 
S47B Interior Surface of Skin Below Lap Joint (1.00), Aft of BS520 (5.00) 
S48 Exterior Surface of Skin  Btwn Middle and Lower River Row, Aft of BS500 (9.47) 
S49B Interior Surface of Skin  Along Lower River Row, Aft of BS520 (9.47) 
S50 Exterior Surface of Skin  Btwn Middle and Upper River Row, Aft of BS520 (9.47) 
S51B Interior Surface of Skin Along Lower River Row, Aft of BS500 (9.47) 
S52 Exterior Surface of Skin Below Lap Joint (1.00), Aft of BS500 (5.00) 
S53B Interior Surface of Skin Below Lap Joint (1.00), Aft of BS500 (5.00) 
S54 Exterior Surface of Skin Below Lap Joint (1.00), Aft of BS540 (5.00) 
S55B Interior Surface of Skin Below Lap Joint (1.00), Aft of BS540 (5.00) 
S56 Exterior Surface of Skin Below Lap Joint (1.00), Aft of BS500 (15.00) 
S57B Interior Surface of Skin Below Lap Joint (1.00), Aft of BS500 (15.00) 
S58 Exterior Surface of Skin Below Lap Joint (1.00), Aft of BS540 (15.00) 
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Table A-3.  Strain gage locations in Panel No. 2 (Continued) 
 
Location Strain Gage No. Description Dimensional 
S59B Interior Surface of Skin Below Lap Joint (1.00), Aft of BS540 (15.00) 
S60 Exterior Surface of Skin (Lap Joint) 
Btwn Middle and Lower River Row, 
Aft of BS540 (9.47) 
F80A Outboard Frame Flange BS500 Midway Between S-2L & S-3L (4.79) Center of Frame Flange (0.45) 
F81A Outboard Frame Flange BS500 Midway Between S-5L & S-6L (4.79) Center of Frame Flange (0.45) 
F81B Inboard Frame Flange BS500 Midway Between S-6L & S-7L (4.79) Center of Frame Flange (0.45) 
F83A Outboard Frame Flange BS520 Midway Between S-3L & S-4L (4.79) Center of Frame Flange (0.45) 
F83B Inboard Frame Flange BS520 Midway Between S-3L & S-4L (4.79) Center of Frame Flange (0.45) 
F85A Outboard Frame Flange BS520 Midway Between S-6L & S-6L (4.79) Center of Frame Flange (0.45) 
F85B Inboard Frame Flange BS520 Midway Between S-5L & S-6L (4.79) Center of Frame Flange (0.45) 
F87A Outboard Frame Flange BS540 Midway Between S-2L & S-3L (4.79) Center of Frame Flange (0.45) 
F87B Inboard Frame Flange BS540 Midway Between S-2L & S-3L (4.79) Center of Frame Flange (0.45) 
F89A Outboard Frame Flange BS540 Midway Between S-3L & S-4L (4.79) Center of Frame Flange (0.45) 
F89B Inboard Frame Flange BS540 Midway Between S-3L & S-4L (4.79) Center of Frame Flange (0.45) 
F91A Outboard Frame Flange BS540 Midway Between S-5L & S-6L (4.79) Center of Frame Flange (0.45) 
F91B Inboard Frame Flange BS540 Midway Between S-5L & S-6L (4.79) Center of Frame Flange (0.45) 
F93B Inboard Frame Flange BS560 Midway Between S-2L & S-3L (4.79) Center of Frame Flange (0.45) 
F94A Outboard Frame Flange BS560 Midway Between S-6L & S-7L (4.79) Center of Frame Flange (0.45) 
F94B Inboard Frame Flange BS560 Midway Between S-6L & S-7L (4.79) Center of Frame Flange (0.45) 
F96A Outboard Frame Flange BS580 Midway Between S-6L & S-7L (4.79) Center of Frame Flange (0.45) 
S100 
S100-45 
S100L 
Exterior Surface of Skin Midway Between BS500 & BS520 (10.0)  Midway Between S-5L & S-6L (4.79) 
S103 
S103-45 
S103L 
Exterior Surface of Skin Midway Between BS540 & BS560 (10.0)  Midway Between S-5L & S-6L (4.79) 
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Figure A-1. Overall placement of strain gages in Panel No. 1 
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Figure A-2. Overall placement of strain gages in Panel No. 2 
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Figure A-3.  Strain plots for Panel No. 1 
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Figure A-3.  Strain plots for Panel No. 1 (Continued) 
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Figure A-3.  Strain plots for Panel No. 1 (Continued) 
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Figure A-3.  Strain plots for Panel No. 1 (Continued) 
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Figure A-3.  Strain plots for Panel No. 1 (Continued) 
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Figure A-3.  Strain plots for Panel No. 1 (Continued) 
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Figure A-3.  Strain plots for Panel No. 1 (Continued) 
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Figure A-3.  Strain plots for Panel No. 1 (Continued) 
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Figure A-3.  Strain plots for Panel No. 1 (Continued) 
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Figure A-3.  Strain plots for Panel No. 1 (Continued) 
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Figure A-4.  Strain plots for Panel No. 2 
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Figure A-4.  Strain plots for Panel No. 2 (Continued) 
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Figure A-4.  Strain plots for Panel No. 2 (Continued) 
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Figure A-4.  Strain plots for Panel No. 2 (Continued) 
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Figure A-4.  Strain plots for Panel No. 2 (Continued) 
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Figure A-4.  Strain plots for Panel No. 2 (Continued) 
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Figure A-4.  Strain plots for Panel No. 2 (Continued) 
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Figure A-4.  Strain plots for Panel No. 2 (Continued) 
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Figure A-4.  Strain plots for Panel No. 2 (Continued) 
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Figure A-4.  Strain plots for Panel No. 2 (Continued) 
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APPENDIX B - FATIGUE CRACK GROWTH 
 
Fatigue crack growth was monitored using the Underwater Crack Monitoring 
(UCM) system. The different loading conditions used during the fatigue test are given in 
Table B-1.  Digital images of the cracks were taken at every inspection point using the 
UCM system. The crack lengths were then determined from the images by pixel-count 
using the Microsoft program Paint.  Each image included the grid that was attached to the 
panel along the lap joint close to the rivets to serve as a reference during crack 
measurement. The distance between the ticks in the grid was 0.05 inches. 
Crack sizes are given in inches as a function of the number of cycles, and the data 
is presented in chronological order.  The length of the remaining ligament between the 
crack and the adjacent rivet hole is also given.  The rivet hole designation scheme at he 
lap joint is explained in Figure B-1. The crack lengths include the original crack starter 
notches introduced into the panel after 120,000 cycles.  The sizes of the original notches 
are given in Table B-2. 
 
 
Table B-1.  Load Conditions Used During the Fatigue Test 
Load Condition Load Type Fatigue Cycle Interval
A In-service loads 0-120,000 Cycles
B Residual strength per FAR 25.571 120,001-130,000 Cycles
C Proof Load 130,001-135,000 Cycles
D Ultimate Load 135,001-141,771 Cycles
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A1 A15
Lower Rivet Row
C1 C15
A16 A30
C16 C30
A31 A45
C31 C45
Upper Rivet Row
Bay 1Bay 2 Bay 3  
Figure B-1.  Rivet Hole Numbering Scheme 
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Figure B-2.  Artificial Starter Notches at critical rivet row on Panel FT1 
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Table B-2.  Crack Starter Notches inserted at 120,000 Cycles 
Crack Name Crack Length
A36 FWD 0.134
A36 AFT 0.134
A38 FWD 0.136
A38 AFT 0.134
A40 FWD 0.110
A40 AFT 0.138  
 
 
RIVET A36 
 
Visual crack growth from the notches was first detected after 141,500 cycles at A36 AFT 
and after 141,770 cycles at A36 FWD. 
 
 
Loading
Cond Crack Length Ligament Length Crack Length Ligament Length
141500 0.1340 0.7358 0.1537 0.7351
141750 0.1340 0.7358 0.1780 0.7108
141770 0.1777 0.6921 0.1765 0.7123
A36 AFT
D
Cycles A36 FWD
 
 
 
 
Crack A36 FWD Crack A36 AFT
 
 
Figure B-2. Cracks A36 FWD and A36 AFT at Rivet Hole A36 (N=141670) 
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RIVET A38 
 
Visual crack growth from the notches was first detected after 136,000 cycles at A38 AFT 
and after 141,000 cycles at A38 FWD. 
 
Loading
Condition Crack Length Ligament Length Crack Length Ligament Length
130000 0.2144 0.7313 0.2117 0.6771
133000 0.2144 0.7313 0.2117 0.6771
133250 0.2144 0.7313 0.2117 0.6771
133500 0.2144 0.7313 0.2117 0.6771
134000 0.2144 0.7313 0.2117 0.6771
134500 0.2144 0.7313 0.2117 0.6771
135000 0.2144 0.7313 0.2117 0.6771
135250 0.2144 0.7313 0.2117 0.6771
135460 0.2144 0.7313 0.2117 0.6771
136000 0.2144 0.7313 0.2337 0.6550
137500 0.2144 0.7313 0.2461 0.6426
137600 0.2144 0.7313 0.2448 0.6439
138000 0.2144 0.7313 0.2905 0.5982
138500 0.2144 0.7313 0.2458 0.6430
139000 0.2144 0.7313 0.2777 0.6110
139500 0.2144 0.7313 0.2588 0.6299
140000 0.2144 0.7313 0.2117 0.6771
140500 0.2144 0.7313 0.2801 0.6087
141000 0.4393 0.5064 0.2955 0.5933
141500 0.4364 0.5094 0.3849 0.5039
141700 0.4572 0.4886 0.4659 0.4229
141750 0.5619 0.3839 0.5001 0.3886
141770 0.7691 0.1767
D
Cycles A38 FWD A38 AFT
C
 
 
 
 
Crack A38 FWD Crack A38 AFT
 
 
Figure B-3. Cracks A38 FWD and A38 AFT at Rivet Hole A38 (N=141670) 
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Rivet A40 
 
Visual crack growth from the notches was first detected after 130,000 cycles at A40 AFT 
and after 160,000 cycles at A40 FWD.  The crack lengths in the table include the lengths 
of the artificial starter notches introduced at 120,000 cycles. 
 
 
 
 
Crack A40 FWD Crack A40 AFT
 
 
Figure B-4. Cracks A40 FWD and A40 AFT at Rivet Hole A40 (N=141150) 
 
Loading
Condition Crack Length Ligament Length Crack Length Ligament Length
130000 0.1881 0.8357 0.2161 0.6436
133000 0.1881 0.8357 0.2495 0.6103
133250 0.1881 0.8357 0.2571 0.6026
134000 0.1881 0.8357 0.2744 0.5853
134500 0.1881 0.8357 0.2787 0.5811
135000 0.1881 0.8357 0.2872 0.5725
136000 0.2248 0.7989 0.2981 0.5616
137500 0.3070 0.7168 0.3142 0.5455
137600 0.2903 0.7335 0.3322 0.5276
138000 0.3100 0.7138 0.3536 0.5061
138500 0.3541 0.6697 0.3697 0.4900
139000 0.4309 0.5929 0.3785 0.4812
139500 0.4353 0.5885 0.4031 0.4567
140000 0.4575 0.5662 0.4502 0.4096
140500 0.5458 0.4780 0.4986 0.3611
141000 0.5634 0.4604 0.6063 0.2535
141150 0.5882 0.4355 0.6408 0.2189
141228 0.6635 0.3603 0.6886 0.1711
141229 0.7577 0.1020
141350 0.6468 0.3769
141485 0.7707 0.2530
141590 0.8340 0.1897
141700 0.9151 0.1087
A40 AFT
C
D
Cycles A40 FWD
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APPENDIX C - INSPECTION RESULTS 
 
This appendix presents results of the crack inspections conducted during the 
fatigue test of Panel No. 1 panel using six nondestructive inspection (NDI) methods.  The 
inspection techniques ranged from high-magnification visual, conventional, to emerging 
NDI methods.  The conventional methods included the external low frequency eddy 
current (LFEC) and internal mid frequency eddy current (MFEC).  Three emerging NDI 
methods were used, namely, Magneto-Optical Imager (MOI), Meandering Winding 
Magnetomer (MWM), and linear array ultrasonic system (USUT).  All the three 
emerging NDI methods inspected the lap joint for inner layer cracks from the outside. 
The results are presented as a function of the number of cycles.  The rivet hole 
designation scheme at he lap joint is explained in Figure C-1.  The different loading 
conditions used during the fatigue test are given in Table C-1.  At the end of Load 
Condition A, crack starter notches were introduced into the panel.  The sizes of the 
original notches are given in Table C-2.  Figures C-2, C-3, and C-4 show representative 
results of three rivets from the three frame bays in the test section during Load Condition 
A. 
 
Table C-1.  Load conditions used during the fatigue test 
Load Condition Load Type Fatigue Cycle Interval
A In-service loads 0-120,000 Cycles
B Residual strength per FAR 25.571 120,001-130,000 Cycles
C Proof Load 130,001-135,000 Cycles
D Ultimate Load 135,001-141,771 Cycles
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Figure C-1.  Rivet hole numbering scheme 
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Figure C-2.  Artificial starter notches at critical rivet row on Panel No. 1 
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Table C-2.  Crack starter notches inserted at 120,000 cycles 
Crack Name Crack Length
A36 FWD 0.134
A36 AFT 0.134
A38 FWD 0.136
A38 AFT 0.134
A40 FWD 0.110
A40 AFT 0.138  
 
 
 
 
Cycles
0
(59,494)
InteriorExterior MFECLFEC
Visual Methods Conventional NDI
MWM MOI USUT
Emerging NDI
47,000
(106,494)
87,000
(146,494)
BS-500 BS-520
A15A4A1
120,000
(179,494)
 
Figure C-3.  Representative NDI results at rivet A4 during Load Condition A of the 
fatigue test.  No crack indications were seen during this phase of the test. 
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Figure C-4.  Representative NDI results at rivet A24 during Load Condition A of the 
fatigue test.  No crack indications were seen during this phase of the test. 
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Figure C-5.  Representative NDI results at rivet A40 during Load Condition A of the 
fatigue test.  No crack indications were seen during this phase of the test. 
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Figure C-6.  Visual and USUT NDI results of rivets A36, A38, and A40, at the beginning 
and the end of Load Condition B.  No crack growth was detected in this phase.  While the 
USUT signals at the end of this phase are less bright and intense than the beginning, the 
crack length s as measured from the images are the same. 
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Figure C-7.  Visual and USUT NDI results of rivets A36, A38, and A40, at the beginning 
and the end of Load Condition C.  Rivet A40 clearly show crack extension on both sides 
of the rivet.  
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Figure C-8.  High-magnification visual and conventional NDI results of rivets A1-A5 at 
the end of the fatigue test.  No crack indications were seen using these inspection 
methods. 
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Figure C-9.  High-magnification visual and conventional NDI results of rivets A6-A10 at 
the end of the fatigue test.  No crack indications were seen using these inspection 
methods. 
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Figure C-10.  High-magnification visual and conventional NDI results of rivets A11-A15 
at the end of the fatigue test.  No crack indications were seen using these inspection 
methods. 
 337
Rivet
A16
Visual (Interior)
MFEC
Conventional NDI 
A17
A18
BS-520 BS-540
A30A16
A19
A20
LFECBoroscope
 
Figure C-11.  High-magnification visual and conventional NDI results of rivets A16-A20 
at the end of the fatigue test.  No crack indications were seen using these inspection 
methods. 
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Figure C-12.  High-magnification visual and conventional NDI results of rivets A21-A25 
at the end of the fatigue test.  There was a small visible crack at A24.  No rack indications 
were seen using LFEC.  Rivets A21-A24 had MFEC crack indications evidenced by the 
vertical spikes. 
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Figure C-13.  High-magnification visual and conventional NDI results of rivets A26-A30 
at the end of the fatigue test.  No cracks indications were found in this part of the panel. 
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Figure C-14.  High-magnification visual and conventional NDI results of rivets A31-A35 
at the end of the fatigue test.  There was a visual crack at A35, and the crack was also 
picked-up by the conventional NDI methods as shown by the signals extending beyond 
the height of the image screens. 
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Figure C-15.  High-magnification visual and conventional NDI results of rivets A36-A40 
at the end of the fatigue test.  There was a visual crack at all the rivets. The conventional 
NDI methods also reliably picked up the cracks. 
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Figure C-16.  High-magnification visual and conventional NDI results of rivets A40-A45 
at the end of the fatigue test.  There was a visual crack at all the rivets. The conventional 
NDI methods also reliably picked up the cracks. 
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Figure C-17.  Emerging NDI results of rivets A1-A5 at the end of the fatigue test.  The 
MOI and MWM did not pick up any cracks.  However, the USUT system showed crack 
indications both sides of A4. 
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Figure C-18.  Emerging NDI results of rivets A6-A10 at the end of the fatigue test.  The 
MOI and MWM did not pick up any cracks.  However, the USUT system showed crack 
indications at rivets A7 and A9. 
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Figure C-19.  Emerging NDI results of rivets A11-A15 at the end of the fatigue test.  No 
crack indications were found. 
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Figure C-20.  Emerging NDI results of rivets A6-A10 at the end of the fatigue test.  The 
MOI and MWM did not pick up any cracks.  However, the USUT system showed crack 
indications at rivet A17. 
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Figure C-21.  Emerging NDI results of rivets A21-A25 at the end of the fatigue test.  The 
MOI did not pick up any cracks.  However, the MWM showed crack indications at the 
forward side of A24, while the USUT system showed crack indications at rivets A21, 
A22, and A24. 
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Figure C-22.  Emerging NDI results of rivets A26-A30 at the end of the fatigue test.  No 
crack indications were found 
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Figure C-23.  Emerging NDI results of rivets A31-A35 at the end of the fatigue test.  The 
USUT system showed crack indications at rivets A11, A32, A33 and A34, while all three 
methods found crack indications at A35. 
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Figure C-24.  Emerging NDI results of rivets A36-A40 at the end of the fatigue test.  All 
three methods found crack indications at all the rivets, the only exception being that 
MWM did not pick up any cracks at A37. 
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Figure C-25.  Emerging NDI results of rivets A36-A40 at the end of the fatigue test.  All 
three methods found crack indications at all the rivets. 
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Figure C-26.  Representative NDI results at rivet A4 during of the fatigue test up to the 
end of the test. 
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Figure C-27.  Representative NDI results at rivet A24 during of the fatigue test up to the 
end of the test. 
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Figure C-28.  Representative NDI results at rivet A30 during of the fatigue test up to the 
end of the test. 
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APPENDIX D – STRINGER CLIP CRACKS 
 
The following presents a summary of the damage observed in the stringer clips of 
both Panel No. 1 and Panel No. 2.  In both panel tests, the stringer clips were monitored 
for crack growth during the test and replaced whenever the cracks approached the clip 
bend, or grew closer to one of the fasteners that attach the clip to the frame.  Photographs 
of the cracked clips were taken at the scheduled inspection intervals during both tests.  
The pictures were taken using a digital camera at different cycle numbers and then post-
processed to determine the crack lengths.  The grid in the pictures was used as a reference 
in the determination of crack lengths, and it is 0.05″ per division.  The figures in this 
appendix show the cracked stringer clips at the different cycle numbers along with the 
associated crack growth graphs. 
 
 355
0
0.1
0.2
0.3
0.4
0.5
0.6
0.7
0 5000 10000 15000 20000 25000 30000 35000
Cycle Number
Le
ng
th
14,500 Cycles 15,000 Cycles 15,500 Cycles 17,500 Cycles
20,000 Cycles 25,000 Cycles 27,500 Cycles 32,500 Cycles
 
Figure D-1.  Stringer clip cracking at fuselage station 640 and stringer 7L (Panel No. 1) 
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Figure D-2.  Stringer clip cracking at fuselage station 680 and stringer 3L (Panel No. 1) 
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Figure D-3.  Stringer clip cracking at fuselage station 700 and stringer 4L (Panel No. 1) 
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Figure D-4.  Stringer clip cracking at fuselage station 680 and stringer 3L (Panel No. 1) 
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Figure D-5.  Stringer clip cracking at fuselage station 620 and stringer 3L (Panel No. 1) 
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Figure D-6.  Stringer clip cracking at fuselage station 700 and stringer 2L (Panel No. 1) 
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Figure D-7.  Stringer clip cracking at fuselage station 700 and stringer 3L (Panel No. 1) 
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Figure D-8.  Stringer clip cracking at fuselage station 700 and stringer 6L (Panel No. 1) 
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Figure D-9.  Stringer clip cracking at fuselage station 660 and stringer 2L (Panel No. 1) 
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Figure D-10.  Stringer clip cracking at fuselage station 660 and stringer 4L (Panel No. 1) 
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Figure D-11.  Stringer clip cracking at fuselage station 620 and stringer 5L (Panel No. 1) 
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Figure D-12.  Stringer clip cracking at fuselage station 720 and stringer 3L (Panel No. 1) 
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Figure D-13.  Stringer clip cracking at fuselage station 700 and stringer 6L (Panel No. 1) 
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Figure D-14.  Stringer clip cracking at fuselage station 620 and stringer 6L (Panel No. 1) 
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Figure D-15.  Stringer clip cracking at fuselage station 640 and stringer 4L (Panel No. 1) 
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Figure D-16.  Stringer clip cracking at fuselage station 720 and stringer 7L (Panel No. 1) 
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Figure D-17.  Stringer clip cracking at fuselage station 700 and stringer 7L (Panel No. 1) 
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Figure D-18.  Stringer clip cracking at fuselage station 640 and stringer 2L (Panel No. 1) 
 373
0
0.2
0.4
0.6
0.8
1
1.2
1.4
0 5000 10000 15000 20000 25000 30000 35000
Cycle Number
C
ra
ck
 L
en
gt
h 
(in
)
Left Crack
Right Crack
22,500 Cycles 25,000 Cycles 27,500 Cycles 30,000 Cycles 32,500 Cycles
 
Figure D-19.  Stringer clip cracking at fuselage station 660 and stringer 3L (Panel No. 1) 
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Figure D-20.  Stringer clip cracking at fuselage station 620 and stringer 2L (Panel No. 1) 
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Figure D-21.  Stringer clip cracking at fuselage station 720 and stringer 5L (Panel No. 1) 
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Figure D-22.  Stringer clip cracking at fuselage station 680 and stringer 2L (Panel No. 1) 
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Figure D-23.  Stringer clip cracking at fuselage station 520 and stringer 3L (Panel No. 2) 
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Figure D-24.  Stringer clip cracking at fuselage station 520 and stringer 4L (Panel No. 2) 
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Figure D-25.  Stringer clip cracking at fuselage station 520 and stringer 7L (Panel No. 2) 
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Figure D-26.  Stringer clip cracking at fuselage station 540 and stringer 3L (Panel No. 2) 
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Figure D-27.  Stringer clip cracking at fuselage station 540 and stringer 4L (Panel No. 2) 
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Figure D-28.  Stringer clip cracking at fuselage station 500 and stringer 5L (Panel No. 2) 
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Figure D-29.  Stringer clip cracking at fuselage station 560 and stringer 2L (Panel No. 2) 
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Figure D-30.  Stringer clip cracking at fuselage station 560 and stringer 6L (Panel No. 2) 
 385
10,000 Cycles 12,500 Cycles 15,000 Cycles 17,500 Cycles
20,000 Cycles 22,500 Cycles 25,000 Cycles 27,500 Cycles
30,000 Cycles 35,000  Cycles
0
0.2
0.4
0.6
0.8
1
1.2
0 10 20 30 40 50
Cycle Number(x1000)
C
ra
ck
 L
en
gt
h 
(in
)
Left Crack
Right Crack
 
Figure D-31.  Stringer clip cracking at fuselage station 500 and stringer 2L (Panel No. 2) 
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Figure D-32.  Stringer clip cracking at fuselage station 520 and stringer 2L (Panel No. 2) 
 387
15,000 Cycles 17,500 Cycles 20,000 Cycles 22,500 Cycles
25,000 Cycles 27,500 Cycles 30,000 Cycles
0
0.02
0.04
0.06
0.08
0.1
0.12
0.14
0.16
0.18
0.2
0 5,000 10,000 15,000 20,000 25,000 30,000 35,000
Cycles Number
C
ra
ck
 L
en
gt
h 
(in
)
Left Crack
 
Figure D-33.  Stringer clip cracking at fuselage station 500 and stringer 6L (Panel No. 2) 
 388
15,000 Cycles 17,500 Cycles 20,000 Cycles 22,500 Cycles
25,000 Cycles 27,500 Cycles 35,000 Cycles 39,000 Cycles
43,000 Cycles 47,000 Cycles 51,000 Cycles 55,000 Cycles
0
0.1
0.2
0.3
0.4
0.5
0.6
0.7
0.8
0.9
1
0 10,000 20,000 30,000 40,000 50,000 60,000
Cycles Number
Cr
ac
k 
Le
ng
th
 (i
n)
Left Crack
 
Figure D-34.  Stringer clip cracking at fuselage station 540 and stringer 2L (Panel No. 2) 
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Figure D-35.  Stringer clip cracking at fuselage station 500 and stringer 3L (Panel No. 2) 
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Figure D-36.  Stringer clip cracking at fuselage station 500 and stringer 4L (Panel No. 2) 
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APPENDIX E – FRACTOGRAPHY 
 
This appendix presents a summary of the damage observed along the critical rivet 
row of the lap joint.  The summary provides stereomicroscope images of the free, faying, 
and fracture surfaces. 
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Figure E-1.  Rivet hole A1 showing (a) free surface with installed rivet, (b) fracture 
surface, and (c) faying surface 
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Figure E-2.  Rivet hole A4 showing (a) free surface with installed rivet, (b) fracture 
surface, and (c) faying surface 
 393
0.02 in
(a)
(c)
 
Figure E-3.  Rivet hole A7 showing (a) free surface with installed rivet, (b) fracture 
surface, and (c) faying surface 
 394
(a)
(b)
(c)
0.040 in
 
Figure E-4.  Rivet hole A12 showing (a) free surface with installed rivet, (b) fracture 
surface, and (c) faying surface 
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Figure E-5.  Rivet hole A20 showing (a) free surface with installed rivet, (b) fracture 
surface, and (c) faying surface 
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Figure E-6.  Rivet hole A21 showing (a) free surface with installed rivet, (b) fracture 
surface, and (c) faying surface 
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Figure E-7.  Rivet hole A22 showing (a), (b) fracture surface, (c) free surface with 
installed rivet (d) faying surface 
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Figure E-8.  Rivet hole A23 showing (a), (b) fracture surface, (c) free surface with 
installed rivet (d) faying surface 
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Figure E-9.  Rivet hole A24 showing (a), (b) fracture surface, (c) free surface with 
installed rivet (d) faying surface 
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Figure E-10.  Rivet hole A25 showing (a), (b) fracture surface, (c) free surface with 
installed rivet (d) faying surface 
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Figure E-11.  Rivet hole A31 showing (a) free surface with installed rivet, (b) fracture 
surface, and (c) faying surface 
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Figure E-12.  Rivet hole A32 showing (a) free surface with installed rivet, (b) fracture 
surface, and (c) faying surface 
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Figure E-13.  Rivet hole A33 showing (a) free surface with installed rivet, (b) fracture 
surface, and (c) faying surface 
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Figure E-14.  Faying surface at rivet hole A34 
 
 405
VITA 
Bao Rasebolai Mosinyi was born in Molepolole, Botswana in 1974.  He obtained 
his Bachelor of Science degree in Aerospace Engineering from Embry-Riddle 
Aeronautical University in Daytona Beach, FL, 1999.  He continued with graduate 
studies at Embry-Riddle and graduated with a Master of Science degree in Aerospace 
Engineering in 2001.  During his Master of Science program, he focused his research on 
the development of an acoustic emission nondestructive inspection method for filament-
wound composite pressure vessels.  In January 2002, he was awarded the FAA-Drexel 
Research Fellowship to study aging aircraft structures at the FAA William J. Hughes 
Technical Center.  As an FAA-Drexel fellow, he conducted research on structural 
integrity of a retired transport aircraft fuselage toward his Doctorate degree.  Results of 
the research were presented at several international conferences and published in several 
papers, discussing the initiation and growth of fatigue cracks in the fuselage lap joint.  
